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ABSTRACT
PHILCO-FORD SRS-TR146 UNCLASSIFIED
MULTIPLE SATELLITE
SYSTEMS STUDY FINAL REPORT 449 Pages
6 March 1967 Contract NAS2-3926

A feasibility study has been performed for a multiple launch of
four scientific satellites into highly elliptical earth orbit, to
make simultaneous field and particle measurements in the region
of the interaction between the solar wind and the magnetosphere.
This report covers parametric mission analyses which examine
methods of deploying the four satellites into the desired orbital
array, the specification of the important resultant system re-
quirements, and the development of a configuration concept which
will meet the requirements. The basic conclusions are that the
mission is indeed feasible, and that the most promising configu-
ration concept is one in which four satellites are deployed simul-
taneously, near apogee, with radial velocities obtained from the
centrifugal forces of a spinning payload cluster.

THIS UNCLASSIFIED ABSTRACT (8 DESIGNED FOR REKTENTION IN A
STANDARD 3-8Y-5 CARD-S$1ZK FILE, IF DESIRED. WNERE THE
ASSTRACT COVERS MORE THAN ONE SIDE OF THR GARD, THE ENTIRE
RECTANGLE MAY BE CUT OUT AND FOLDED AT THE DOTTED CENTER
LINE. (IF THE ABSTRACT IS CLASSIFIED, HOWEVER, iT MUST NOT
BE REMOVED FROM THL DOCUMENT IN WNICH IT I8 INCLUDOROD.)

WDL 2205 (1-63) ii




Section

p——— e e~

PHILE:I .

A —
SHILCO-FURD CORPORATION

SRS-TR146

TABLE OF CONTENTS

INTROD'UCTION
MISSION OBJECTIVES

2.1

3.1

TR NI RN

Scientific Measurements
2.2 Orbit Requirements
2.3 Spacecraft Requirements

SUMMARY AND CONCLUSIONS

Study Approach
Mission Analysis
Configuration Studies
System Studies
Conclusions

ORBIT ANALYSIS

4,1

4.3

Reference Orbit
4,2 Satellite Deployment

4,
4,
4.

o 1o 2

.1
.2
.3

Introduction
Theory
Study Results

Orbit Determination

4. 3.1 Tracking Network Simulation
4, 3.2 Resuits

SPACECRAFT DESIGN CONCEPTS

5.1

5.2

Configuration Studies

pooeoa

et et et et

DO W -

Deployment Concepts
Spacecraft Requirements
Conceptual Desigrns
Stacked Payload

Radial Payload

Thermal Considerations

Attitude Coatrol Studies

oo o
PrPPN
[ I —RIL I Sl

Spin Axis Precession Analysis

Cperationai Scheres for Initial Orientatiin
Subsystem Requirements

Error Budgets

Reaction Control System Selection

iii

5-12
5-19
5-28
5-37

5-47

5-48
5-54
5-178
5-97
5-102

Space & Re-enuvry
Systems Oivis:on



SRS-TR146

‘ TABLE OF CONTENTS (Continued)
Section Page
5.3 Electric Power Concepts 5-109
5.3.1 Configuration and Sequences 5-109
5.3.2 Satellite Power Subsystem Details 5-115
5.3.3 Magnetic Field Analysis 5-126
6 TELECOMMUNICATIONS 6-1
6.1 Communication System Requirements and Constraints 6-1
6.1,1 Missiopn Requirements 6-2
6.1,2 Constraints 6-3
6.1.3 Ground Network Capabilities and Constraints 6-5
6.1.4 Other System Constraints 6-12
6.1.5 Tracking Considerations 6-13
6.2 Operational Considerations 6-25
6.2.1 Orbit Characteristics 6-25
6.2.2 Scheduling of Ground Equipment 6-32
6.2.3 Modulation 6-32
6.2,4 Data Transmission 6-44
6.2.5 Real-Time Telemetry Options 6-50
6.3 Link Analysis and Design 6-55
6.3.1 Parametric Analysis 6-55
6.3.2 Command Link Analysis 6-60
6.3.3 Tracking Link Analysis 6-65
6.4 Spacecraft Antenna Considerations 6-73
6.4.1 Carrier Module Antenna 6-73
6.4.2 TT&C of Carrier Module by Satellite
Telecommunication Subsystem 6-77
6.4.3 Satellite Antenna 6-79
6.4.4 Antenna Beam Shaping 6-82
6.5 Telemetry Subsystem Functional Description 6-85
6.5.1 General 6-85
6.5.2 Mission Requirements 6-85
6.5.3 Required Subsystem Functions 6-87
6.5.4 Telemetry Modes 6-91
6.5.5 Performance and Operational Parameters 6-93
6.5.6 Subsystem Elements 6-102
6.5.7 Subsystem Implementation 6-102
6.5.8 Interfaces 6-115

@ v

PHILCO Cpsce & Re-aentry
SHILED. FORD CORPORATION Systems Division




Section

o]

PHILCO-FORD CORPORATION

6.6

6.7

SRS-TR146

TABLE OF CONTENTS (Continued)

om

SPPDSDD QO
SO DD D

m
1
2
3
4
5
6
7

[0 o]

.9
.10

S
s> o

and Subsystem Functional Description

General

Mission Requirements

Required Subsystem Functions
Performance and Operational Parameters
Subsystem Elements

Command Subsystem Description
PCM Instruction Command Signal
Detection and Dcoding

Tone Digital Command Detector
DC-DC Converter

Mechanical Interfaces

Section 6 Bibliography

SYSTEM ANALYSIS

7.1

Launch Vehicle Selection

2.1
.22

Payload Capability

Injection Errors

Program Status and Vehicle Availability
Comparative Costs

scent and Coast Phase

Radial Configuration
Stacked Configuration

rbital Operations

Experiment Scheduling
Playback Scheduling
Operating Modes

Spin Axis Orientation

Configuration Comparison

7.5.1

7.5.2
7.5.3
7.5.4

Design

Reliability

Operations
Experiment Suitability

RELIABILITY ANALYSIS

Introduction
System Reliability Analysis Summary
System Concept Trades

8.1
8.2
8.3

8.3.1
8.3.2
8.3.3

Mission Objectives
Overall Mission Success Criteria
Inherent Reliability Criteria

Space & Re-entry
Bystems Divislon

Page

6-116
6-116
6-116
6-117
6-120
6-127
6-129

6-129
6-137
6-142
6-142

6-144



Section

PHILCO '

PHILEO.FORD CORPORATION

8.4

8.5

SRS-TR146

TABLE OF CONTENTS (Continued)

ial Versus Stacked Concept Trades

1 Placement of Scientific Instruments
2 Science Data Acquisition

3 Experimental Control

4 Calibration Data Acquisition

5 Engineering Data Acquisition

Quantitative Assessment

8. 5.1 Quantitative Requirement

8. 5.2 Single Satellite Assessment

8.5.3 Quantitative Reliability Assessment
Summary

GLOSSARY
APPENDIX, Burner I for Multi-Satellite Mission

vi

Space 8 Reentry
Systams Divislan



.1-10
.1-11

.2-10
.2-11
.2-12

[\]
1
=

4.2-13

4,2-14
4.2-15

4.2-16

SRS-TR146

LIST OF ILLUSTRATIONS

Shape of the Orbit

Orbit Characteristics Near Perigee

Subsatellite Points on First Orbit

Inclination of Orbit Plane to Ecliptic vs Launch Date
Perigee Altitude vs Orbit Number

Perigee Altitude vs Orbit Number for 46 Orbits
Perigee Altitude vs Orbit Number

Lunar - Solar Positions with Respect to Probe at Perigee
Possible Launch Windows for Launching in 1969 and 1971
Period Change vs Orbit Number

Occultation Time as a Function of Time from Injection
Velocity Increment, AV, Resolved into Components
Stacked Array

Radial Array

Geometry of Ellipse

Components of In-Plane Separation

Various Parameters Describing an Elliptical Orbit
True Anomaly vs Range

True Anomaly vs Orbited Velocity

True Anomaly (g) vs Flight-Path Angle (¢)

Flight Path Angle ¢ vs Time and True Anomaly
Orbital Coordinate System

True Anomaly of Separation vs Absolute Separation
Magnitude for Out-of-Plane Upwards Separation

True Anomaly of Separation vs Absolute Separation
Magnitude for In-Plane Inward Separation

True Anomaly of Separation vs Magnitude of Vap and Rap

True Anomaly at Separation vs Separation Velocity Required

Page
4-4
4-5
4-6
4-1
4-1
4-8
4-9
4-11
4-12
4-13
4-14
4-16
4-16
4-16
4-21
4-26
4-42
4-43
4-44
4-45
4-46
4-47

4-48

4-49
4-50

to Give 500 km Separation at Re’ Outgoing, and 12 Re’ Incoming 4-51

True Anomaly at Separation vs Change in Perigee Height with

Respect to Primary Orbit

vii

PHILCO I

PHILCO-FORD CORPORATION

4-52

Space & Re-entry
Systems Division



Figure
.2-17
.2-18
.2-19
.2-20
.2-21
.2-22
.2-23
.2-24
.2-25
.2-26
.2-27
.2-28
.2-29
.2-30
.2-31
.2-32
.2-33
.2-34
.2-35
.2-36
.2-37
.2-38
.2-39
.2-40
.2-41
.2-42
.2-43
.3-1

.3-2

.3-3

.3-4

N N Y S Y Y N N Y N N N N N N N S N N N N N NS

LIST OF ILLUSTRATIONS (Continued)

SRS-TR146

Page
True Anomaly at Separation vs Change in Period 4-53
Period Change vs True Anomaly at Separation 4-54
Radial Array 4-55
Radial Separation at Apogee 4-56
Radial Array Seen at 12 Re Incoming, and 16 R e Incoming 4-57
Radial Array Seen at 12, 14, and 16 Re Incoming 4-58
Radial Array Seen at 12, 14, and 16 Re Incoming 4-59
Radial Array Seen at 12 Re Incoming 4-60
Radial Array Seen at 12 Re Incoming 4-61
Radial Array Seen at 12 Re Incoming 4-62
Stacked Array 4-63
Stacked Array Seen at 12 Re Incoming 4-64
Stacked Array Seen at 12 Re Incoming 4-65
Stacked Array Seen at 12 Re Incoming 4-66
Stacked Array Seen at 12 Re Incoming 4-67
Stacked Array Seen at 12 Re Incoming 4-68
Stacked Array Seen at 12 Re Incoming 4-69
Stacked Array Seen at 12 Re Incoming 4-70
Stacked Array Seen at 12 Re Incoming 4-71
Stacked Array Seen at 12 Re Incoming 4-72
Composite Separation Graph, Stacked Array 4-73
Non-Planar Radial Array 4-74
Non-Planar Radial Array 4-75
Non-Planar Radial Array 4-76
Non-Planar Radial Array 4-77
Non-Planar Radial Array 4-78
Non-Planar Radial Array 4-79
Angle Tracking Only 4-83
Angle Tracking Only 4-84
Range and Range-Rate Tracking 4-85
Range and Range-Rate Tracking 4-88

viii

Eico]

PHILCO.-FORD CORPORATION

Space & Re-entry
Systems Division




SRS-TR146

LIST OF ILLUSTRATIONS (Continued)

Figure Page
5.1-1 Payload Envelope 5-2
5.1-2 Principle of Deploying Stacked Payloads 5-4
5.1-3 Principle of Deploying Radial Payloads 5-5
5.1-4 Envelope of Available Spin Rates - Delta Third Stage 5-11
5.1-5 Concept No. 1, Stacked Payload 5-13
5.1-6 Concept No. 2, Three Paddle Stacked Payload 5-15
5.1-7 Concept No. 4, Radial Payload 5-16
5.1-8 Configuration Layout, Stacked Payload 5-21
5.1-9 Configuration Layout, Stacked Satellite 5-23
5.1-10 Configuration Layout, Radial Payload 5-31
5.1-11 Configuration Layout, Radial Satellite 5-33
5.1-12a Radial Configuration 5-39
5.1-12b Stacked Configuration 5-39
5.2-1 Stacked Configuration, Attitude Resolution vs Torque Level 5-58
5.2-2 Sensor/Thruster Geometry 5-59
5.2-3 Stacked Configuration, Maximum Nutation Angle as a

Function of Torque Level 5-61
5.2-4 Representative Spin Axis Motion During Maneuvers 5-62
5.2-5 Sensor/Valve Configuration for Stacked, Self-Contained

Configuration 5-63
5.2-6 Logic Diagram, Stacked Configuration 5-65
5.2-7 Sun Sensor Layout for Radial Configuration 5-70
5.2-8 Radial Configuration Logic Diagram 5-72
5.2-9 Ground Commanded Stacked Configuration Sensor Arrangement 5-75
5.2-10 Stacked Configuration Ground Commanded Logic Diagram 5-77
5.2-11 Summary of Ground Station Coverage Requirements 5-80
5.2-12 Nutation Damper Location and Geometry 5-82
5.2-13 Geometric Relations 5-93
5.2-14  Control System Resolution for Radial Configuration 5-97
5

.3-1 Stacked Cylinder Configuration Payload Separation,
Deployment, and Control, Electrical Diagram 5-110

ix

PHILCO I Space & Re-entry

PHILCO.FORD CORPORATION Sy.e-m. Division




Figure
5.3-2

.3-9

.3-10
.3-11
.3-12

w
i
@®

2]

.3-13
5.3-14

2]
|

050‘.\0305.03
[\
!
o

.2-4
.2-5
.2-6
.2-7
.2-8

(=2 BN e >R P B o P« I =2

SRS-TR146

LIST OF ILLUSTRATIONS (Continued)

Radial Configuration, Payload Deployment - Separation
and Control Electrical Diagram

Typical Local Power Profiles

Power Subsystem Block Diagram

Cell I-V Characteristics

Typical Solar Array Wiring Diagram

Solar Array I-V Curves, Degraded Condition

Paddle Wheel Configuration

Cylindrical Configuration

Model for Paddle Wheel Configuration

Simplified Plot of Normalized Solar Paddle Currents

Magnetic Field Component at Boom Sensor as a Function
of Angular Position and Current (Paddle Wheel Configuration)

Model for Cylindrical Configuration

Magnetic Field Component at Boom Sensor as a Function of
Angular Position and Current (Cylindrical Configuration)

Multifunctional Receiver
Refraction Effects on Doppler Shift

S-band Angle Tracking System, Simplified Functional
Block Diagram

GRARR System Block Diagram

Range Error vs S/N in Range Tone Filter Beamwidth
Distances to Surface of Earth

Transmission Time Available vs True Anomaly

Maximum Available Data Rate vs True Anomaly for 2-watt,
S-band Satellite Transmitter

Total Data Readout vs Position in Orbit

Inception of Satellite Pairs by 30-foot Parabolic Antenna
Model of Ground Antenna Coverage

P, for Non-Subcarrier Binary Systems

Pe for Subcarrier Binary Systems

S-band Range Rate System in Primary Receiving Mode

PHILCO I

PHRILCO-FORD CORPORATION

5-111
5-112
5-116
5-119
5-120
5-121
5-127
5-128
5-130
5-134

5-135
5-1317

5-140

6-16

6-18
6-21
6-23
6-25
6-26

6-27
6-28
6-30
6-31
6-35
6-36
6-37

Space & Reentry
Systemsa Division



Figure
6.2-10
6.2-11

6.2-12
6.2-13

6.2-14

6.2-15
6.3-1
.3-2

=2}

o e e 2 =2 T2 B =2 I =2 B = R > T =2 B e
T
-3

2]

.5-4

6.5-6
6.5-7
6.5-8

[Frico]

PHILCO-FORD CORPORATION

SRS-TR146

LIST OF ILLUSTRATIONS (Continued)

Comparison of Binary Systems on a 8 Factor Basis

Comparison of Subcarrier Binary Phase Modulation for
m(t) = sinwt and Carrier Binary Phase Modulation

SNR for Optimized Phase-Modulation Receiver

Data Rate vs Range for Various Transmitter Powers
at S-band and VHF

Earth Coverage and Ground Track for STADAN Network
and Ames Multi-Satellite

S-band Telemetry Link Performance
Spectral Density of FSK Command Signal

Range Rate Error as Function of S/N in Carrier
Isolation Bandwidths

Orientation, Radial Configuration .
Orientation, Stacked Configuration

Radial Configuration

Stacked Configuration

Antenna Pattern Distortion on Radial Cluster
Bi-conical Horn Satellite Antenna
Cylindrical Spiral Array Satellite Antenna
Satellite to Orientation Relative to Orbit Plane
Elevation Plane Antenna Pattern

Mission TLM Profile (Radial Configuration)
Mission TLM Profile (Stacked Configuration)

Playback Time as a Function of Playback Rate for
Various Tape Memory Capacities

Proposed Data Frame Format for Modes 3a, 4 and 5

Proposed Data Frame Format for Real Time TLM
Modes 2 and 3b.

Aliasing Error as a Function of Sampling Rate.
Satellite Telemetry Subsystem Functional Block Diagram

Stacked Configuration Carrier Module Telemetry
Subsystem Functional Block Diagram

Schematic of Analog Switches and Sample and Hold

Xi

6-40

6-41
6-42

6-44

6-46
6-47
6-62

6-69
6-74
6-74
6-74
6-74
6-77
6-81
6-81
6-82
6-83
6-88
6-89

6-92
6-94

6-96
6-99
6-103

6-104
6-10°

Space & Re-entry
Systems Division



Figure
.5-10
.5-11
.5-12
.5-13
.6-1
.6-2
.6-3
.6-4
.6-5

[o2 N> TN >N« > BEK © P« P RN « P e I 2}

6.6-10

6.6-11

7-2
8-1

F’P“LJ:CJIEEE!H

PHILCO - FORO CORPORATION

SRS-TR146

LIST OF ILLUSTRATIONS (Continued)

Attitude Data Encoder

TLM Elements

TLM Clock, PRD, and Accumulation Logic

DC-DC Converter, Block Diagram

Mission Command Profile (Radial Configuration)

Mission Command Profile (Stacked Configuration)

PCM Instruction Command Word Signal and Format

Tone Digital Command Subsystem Word and Frame Format

PCM Instruction Command Subsystem, Functional
Block Diagram

Tone Digital Command Subsystem, Functional
Block Diagram

Signal Detector and Decoder (Two-Tone FSK)
Utilized for PCM Command System

Typical Buffer Storage Elements and Buffers for
Command Subsystem

Quantitative Command Data Register

PDM Signal Detection Functional Block Diagram as
Utilized for the Tone Digital Command System

DC-DC Converter, Block Diagram

Payload Variation with Orbit Parameters DSV3E
Launch from AMR

Antenna Beamwidth Requirement, Radial Configuration
Mission Success Path Comparison Radial vs Stacked Payload

xii

Page

6-107
6-109
6-111
6-113
6-118
6-119
6-123
6-126

6-128
6-130
6-132

6-133
6-136

6-138
6-143

7-16
8-7

Space & QAr
Systems wivision

Ty



Table

(W]
I
p—

oo e e e e
[y
|
[VV]

R IR LI
[\\]
U
(9]

o

.2-10

U!.U'IUIUI
[\]
|
—
[\

n
w
|
Do

SRS-TR146

LIST OF TABLES

AR at 12 Re when Separated at 6
AR at 12 R e when Separated at 6

176°

180°

Mass Properties of Stacked Concepts

Weight Breakdown, Stacked Satellite (Less Science)
Mass Properties, Radial Payload

Weight Breakdown, Radial (Less Science)

Thermal Design Requirements

Il

Equipment Allocation for Stacked Configuration

Orbital Temperature Predictions for Stacked
Configuration Satellites

Torque Effects

Sequence of Events

Radial Configuration Sequence of Events

Sequence of Events, Stacked Configuration

Summary of Command and Telemetry Requirements
Damper Design Parameters for Stacked Configuration
Damper Design Parameters for Radial Configuration
Power and Weight Summary for Radial Configuration

Power and Weight Summary for Stacked Configuration,
Self-Contained

Power and Weight Summary for Stacked Configuration,
Ground-Commanded

Error Budgets (Deg) for Stacked Configuration
Reaction Control System Weight Comparison
Hydrazine Reaction Control System Weight Budget
Carrier Power Requirements Summary

Satellite Power Requirements Summary

Power Subsystem Weight and Performance Summary
(Radial and Stacked Satellite Configuration)

xiii

PHILCO l

PHILCO-FORD CORPORATION

4-28
4-29
5-18
5-27
5-36
5-36
5-37
5-40

5-44
5-54
5-57
5-68
5-74
5-80
5-83
5-85
5-94

5-95

5-96

5-101
5-103
5-107
5-113
5-117

5-123

Space & Re-entry
Systems Division



SRS-TR146

LIST OF TABLES (Continued)

Table Page
6.1-1 Antenna Characteristics 6-10
6.1-2 Tracking Methods 6-14
6.1-3 Angle Tracking Error Budget for VHF and S-band 6-19
6.2-1 Time Separation Along Orbit Path Between First and

Last Satellites 6-29
6.2-2 Carrier vs Subcarrier Signal Energy Requirements 6-34
6.2-3 Telemetry Link Performance 6-48
6.2-4 Real Time Telemetry Option 6-51
6.2-5 ARC Multiple Satellite, GRARR S-band Down-Link 6-53
6.2-6 Real Time Telemetry Options 6-54
6.3-1 ARC Multiple Satellite, S-band Mode 6-56
6.3-2 ARC Multiple Satellite, VHF Telemetry 6-58
6.3-3 ARC Multiple Satellite, VHF Command Link 6-63
6.3-4 ARC Multiple Satellite, S-band Command Link 6-64
6.3-5 ARC Multiple Satellite, GRARR Up-link 6-67
6.3-6 ARC Multiple Satellite, GRARR Down-link 6-68
6.3-7 Tracking Link Design 6-70
6.3-8 ARC Multiple Satellite, Angle Tracking 6-72
6.4-1 "Tilt" Angle, Slant Range, and Gain for Orbit Anomalies 6-84
6.5-1 Data Parameters 6-90
6.5-2 Sampling Rates (Samples per Second) 6-101
6.5-3 Magnetic Tape Memory Specifications 6-114
6.6-1 PCM Instruction Command Summary List 6-121
6.6-2 Tone Digital Command Summary List 6-122
7-1 Launch Vehicle Selection 7-2
7-2 Sequence of Events, Radial Configuration 7-8
7-3 Sequence of Events, Stacked Configuration 7-11
7-4 Configuration Comparison Summary 7-18
8-1 Reliability Characteristics Comparison - Summary 8-11
8-2 Reliability Estimates - Orbit Phase 8-14
8-3 Composite - Reliability Launch Through Orbit Operations 8-15
8-4 Reliability Estimates - Launch Phase ‘ 8-16

Xiv
PHILCO | Space & Re-entry
PHILCO.FORDO CORPORATION Systems Division




SRS-TR146

SECTION 1
INTRODUCTION

This report conveys the results of a study which has been performed by Philco-Ford
under contract to NASA Ames Research Center, for the purpose of examining the
feasibility of a multiple launch of satellites to accomplish a specified scientific
mission. The mission objectives and requirements were defined in the NASA/ARC
Specification A-11967 Rev. B. The task of the study then was to perform the para-
metric analyses necessary to define the system requirements, to develop deploy-
ment strategies which would optimize the experiment value, to derive corresponding
spacecraft requirements and to develop a configuration concept which would meet
the requirements. A basic objective was to identify any problem areas which would
require resolution before proceeding to a design study phase of the program. The
preliminary design was to be carried to the extent necessary to establish the major
features and feasibility of approach of the deployment method and of each satellite

subsystem.
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SECTION 2
MISSION OBJECTIVES
2.1 SCIENTIFIC MEASUREMENTS

The purpose of the proposed mission is to make measurements that better define
the physical characteristics of the region of the interaction between the solar wind
and the earth's magnetosphere. The region of interest encompasses the entire

‘ progression from the interplanetary plasma (freely expanding solar wind), to the
shock wave, boundary layer (magnetosheath), and the magnetosphere itself. Of
particular interest are:

e Separation of temporal and spatial variations (relatively
long-term structural features)

e Detailed definition of the disturbances responsible for

temporal variations.

To accomplish this requires the making of simultaneous measurements over a
spatial matrix which, over a period of time, maps the region of interest. The
shape and size of this matrix (array of satellites) is defined only as being three
dimensional, and being characterized by initial separation distances of approx-
imately 500 to 1000 kilometers, with separations at the end of mission life
increasing (due to drifts) to no more than 15, 000 kilometers. Each satellite
measures magnetic field strength, using a boom-mounted magnetometer, and
makes energetic particle counts, using a plasma probe. To correlate the data

from the four satellites, a time reference is added to each measurement.
2.2 ORBIT REQUIREMENTS

Size and Shape. The orbit is highly elliptical to allow the satellite to pass through

the region of interest, which lies, approximately, between 10 and 14 earth radii.

2-1
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The nominal apogee is 20 earth radii. Perigee, established by direct injection, is
only high enough to preclude unacceptable drag effects; the actual value of perigee,

which depends on the launch window, is approximately 140-160 nautical miles.
Orbit Plane. From the experimenter's standpoint, a minimal dihedral angle
between the plane of the orbit and the ecliptic-plane is desirable, consistent with

other launch date and azimuth constraints.

Line of Apsides. Initially, the line of apsides should be 80 oriented with respect

to the sun that most of the early part of the mission is spent with the apogee
region toward the sun. This implies an orbit with its major axis pointed at a
certain angle '"behind" the sun, so that the earth's orbital motion causes the
apparent sun vector to sweep the apogee region at approximately one degree
per day. Thus, the contemplated angle (15 to 20 degrees) gives 15 to 20 days
between launch and the point when the sun vector projection passes through

apogee.

2.3 SPACECRAFT REQUIREMENTS

Orientation. The satellite is spin-stabilized, with the spin axis approximately
normal to the ecliptic plane. The scientific instruments dictate a spin rate of

50 to 70 rpm.

Magnetic Cleanliness. The magnetic field produced by the satellite does not

exceed 0.5 gamma at the magnetometer sensor.

Lifetime and Reliability. The nominal orbit life is a minimum of six months.

However, since the most important part of the mission occurs in the first three
months, the primary design consideration is to achieve a high reliability for the
three month's operation, rather than to extend the mission life. As a design goal,

the reliability of the four-satellite system for a period of three months is 0. 70.

2-2
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SECTION 3
SUMMARY AND CONCLUSIONS
3.1 STUDY APPROACH

The approach that has been taken in the feasibility study is as follows: The mission
objectives were exercised to determine what sort of satellite arrays would be de-
sirable, Then the question was addressed, what are the essential features of the
deployment schemes which are required to establish these arrays? The parametric
studies of these deployment schemes constituted the major part of the mission
analysis work, and then resulted in the specification of certain important system
requirements, particularly values for velocity increments and allowable execution
errors. These requirements which derive from the deployment scheme to-

gether with other mission-related spacecraft requirements, formed the basis for
the configuration studies which were done. The basic alternative configuration
concepts then were identified. There were two of these, and parallel preliminary
design efforts were carried out on both, Subsystem requirements and mechaniza-
tion were developed for each satellite configuration and for the carrier modules
which are associated with each configuration concept. Involved in this was a con-
siderable amount of tradeoff analysis within subsystems, particularly in the areas
of communications and attitude control. At the end of the parallel design studies,

a detailed comparison was made between the two configuration concepts, and a single
preferred configuration selected. In parallel with this, additional mission analysis
tasks were proceeding to optimize launch date, and position in orbit of the deploy-

ment maneuvers.
3.2 MISSION ANALYSIS

The mission analysis tasks have been divided into three main categories: reference
orbit studies, separation studies, and orbit determination predictions. In the refer-

ence orbit category, studies were made to establish the relationships between
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launch date, eecliptic inclination of the orbit plane, line of apsides location relative
to the sun, and perigee height variations. Definition of the perigee variation due
to lunar and solar gravitational forces was necessary in order to select a launch
date for which the relative positions of the earth, the sun, and the moon are such
that subsequent decay in perigee height does not result in an unacceptable level of
aerodynamic drag. This requirement results in a tradeoff between the initial orbit
relation to the sun (determined by time of day of launch) and initial perigee (injec-
tion altitude, which has a strong effect on launch vehicle payload capability)., In
addition, it is desirable to minimize the inclination of the orbit plane with respect
to the ccliptic, which also varies with launch date. An optimization of all of these
parameters resulted in choosing an initial orientation of the line of apsides about
fifteen degrees from the sun's position, so that the apparent sun vector sweeps
through apogee about fifteen days after launch. Three launch windows of a few days'
duration each were selected in late January, mid-February, and late February.
These choices result in an initial perigee altitude requirement of about 150 n. mi,
A drag analysis and an occulation time analysis were then done on this reference

orbit; the results of these simulations are given in the report.

A principal task of the separation studies was the generation of parametric satellite
array configurations as a function of position in orbit. The parameters which were
varied are the true anomaly, the velocity increment magnitude, and velocity incre-
ment direction of the separation events. To obtain maximum separation distances
in the regions of scientific interest, the analysis showed that the best place to make
the separation maneuvers is in the region of apogee. If that is done, separations
on the order of 500 km can be obtained with total relative velocity increments of

about 10 meters/sec between satellites.

Two methods of separation were extensively investigated. The first of these, called
the radial case, makes use of centrifugal forces to supply the separation velocity
increments. The four satellites are clustered radially, ina single plane, The
launch vehicle imparts a spin to the entire payload at injection, which is near the
perigee point of the orbit with the spin axis colinear with the orbital velocity vector.
The payload coasts, spin-stabilized, to apogee, where the spin axis again is along

the velocity vector, At that point, the four satellites are released simultaneously,
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so that they acquire separation velocities in four quadrants, all in a plane perpendi-
cular to the orbital velocity. Subsequent to separation, the invidiaul satellites
extend booms for spin stability, erect their spin axes normal to the ecliptic, and

spin up to the desired orbital spin rate,

The other deployment method is called the stacked case. The four satellites are
stacked longitudinally and employ a carrier module which has attitude and orbit
control capability. Following separation from the launch vehicle, the entire pay-
load, which is spinning and has booms extended for stability, is erected so that its
spin axis is normal to the orbit plane, At any desired point in the orbit, the two
outer satellites are separated, and an axial solid rocket on each satellite is used
to impart a velocity increment normal to the orbit plane, The reaction control
system of the carrier module is then used to give the remaining two satellites a
velocity increment in the orbit plane and normal to the velocity vector., These

satellites are then separated as the first two were normal to the orbit plane,

In both of the above concepts, all of the velocity increments are nominally perpendi-
cular to the orbital velocity vector., This is because any component of the increment
which is additive (or opposite) to the orbit velocity causes changes in period, and
thus secular drift rates between satellites, The principal constraint on execution
errors is the need to limit these drift rates; the experiment requires that two
satellites be separated by no more than 15,000 km at the end of the six month mis-
sion life, Analyses of the propagation of direction errors in the two cases have
resulted in the conclusion that a nominal 5 degree pointing accuracy will result in

drift rates which will not violate this condition,

It should be noted that both of the concpets, as described herein, result in arrays
which, in the absence of errors, remain planar throughout their life. In the stacked
configuration concept, however, certain combinations of direction errors result in

a degree of three-dimensionality. It is recommended that further studies be made

of the statistics of these separation errors and the corresponding effects on array
configuration, particularly on the three-dimensional features of the resulting arrays.
There are also many methods of establishing intentionally a tetrahedral array with
the stacked configuration, but these involve the addition of in-plane velocity incremeui
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capability to individual satellites, In the radial case, this can be done with the
cxisting capability by imparting velocity increments normal to the separation
plane to two of the four satellites, prior to erecting their spin axes. The only
effect on satellite requirements is a very small additional full requirement, and
a pointing accuracy of about 3 degrees, which can be met by the proposed attitude

control concept.

The final mission analysis task was the tracking analysis, and the establishment
of orbit determination capabilities. The results were that angle tracking of the
payload prior to satellite separation is adequate to determine the actual orbit
apogec with the precision required for proper sequencing of the separation maneu-
vers. For the determination of the relative positions of the individual satellites to
the desired accuracy, the study showed that determining the position of each indi-
vidual satellite by RF tracking and then combining the data would be a feasible
method, The Goddard range-and-range-rate system (S-band) will be used to ac-
complish this tracking to the desired accuracy. Simulations have been made of
both tracking modes using six appropriate ground stations of the STADAN network,
and the results are presented in terms of velocity and position prediction errors,

as a function of accumulated tracking time,
3.3 CONFIGURATION STUDIES

The configuration studies which have been done consisted primarily of parallel
efforts for the preliminary design of a configuration to implement each of the two
separation methods, stacked and radial. Each configuration evolved through a
series of iterations of overall satellite shape and general arrangement, and various
methods of equipment packaging, Packaging of satellites during ascent and the
preliminary design of appropriate mounting and release mechanisms received
particular attention, In the stacked case, a major objective was to make the inertia
ratios of the entire spinning payload as nearly as possible dynamically stable; how-
ever, it was found that in any arrangement it is necessary to deploy the satellite
booms to achieve stability. In the radial case, the clustered payload is inherently
stable without boom deployment. Extensive work was done on the design of deploy-

able booms and of trusswork adapter structures.
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The two configurations which resulted from this work are described in detail in
. the report. The satellite in each case is essentially a cylinder covered with solar
cells, with three single-hinged radial booms. The radial satellite, which is longer
and of smaller diameter, also has an axial mast which supports a biconical antenna,
and has a band around the center from which sensor viewing angles are provided.
In the stacked configuration; the basic cylinder is essentially a skirt, with the
equipment platform protruding above it to provide field of view for the sensors and
for a strip-array antenna around its circumference, The carrier module for the
stacked case is a trusswork structure which contains the attitude and reaction
control equipment, and is located between the two pairs of satellites, In the radial
case, there is a small structure in the center of the cluster which serves to hold
the four satellites together and then to release them simultaneously on command;

it has no maneuvering capability, Comprehensive weight estimates were developed
for each configuration, The results, including an assumed 12-pound science load
to each satellite, were 266 pounds total payload for the radial case and 302 pounds

for the stacked case,

Subsystem tradeoff analyses were done and subsystem functional designs were
developed for each configuration. For the telecommunications subsystem, there

is no difference between the two configurations, except for requirements during the
ascent and deployment sequence. The orbital system serves to record ten hours

of scientific data per orbit, and then to play it back and transmit it to a ground
station on command, Telemetry of a small amount of engineering status informa-
tion also is provided. Studies of the relation between satellite separations and
ground antenna coverage’capabil:ities revealed that readout of the four satellites
must be sequential rather than simultaneous. This, together with an assumed
single ground station coverage allocation of three hours per orbit resulted in speci-
fication of a nominal readout time of 30 minutes per satellite, A solid-state S-band
transponder is used for data transmission, PCM command reception, and range-
and-range-rate tracking. For a two-watt output transmitter, which can be operated
by the solar power system without any battery capacity, a total capacity of 1. 3 x 107
bits per orbit and a corresponding experiment information rate of 360 bps are ob-
tained. It is intended to use the Goddard designed six pound tape recorder, which
has a storage capacity of about 4 x 107 bits, To fully utilize this capacity, a six-
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watt output transmitter would be used and a small rechargeable battery would
supplement the solar array power in this high-rate mode for 30 minutes per orbit,

This will provide capability for experiment data rates of about 1100 bps.

The altitude control studies addressed the major areas of defining the initial orien-
tation and control requirements, developing orientation sequences and operational
modes for the two configuration concepts, and specifying subsystem functional
design and equipment requirements to accomplish these procedures, First, the
orbital disturbance torque environment was evaluated, and it was determined that,
for orbital spin axis alignment accuracy requirements on the order of five degrees,
an initial orientation will be sufficient, i.e., no updating of attitude throughout the
life of the mission is required, Therefore in the stacked configuration, where
initial orientation of the entire payload is accomplished prior to satellite separation
by the carrier module, the satellites will contain no attitude control subsystem, In
the radial case, initial orientation is done by individual satellite, and therefore this
capability will be available throughout the mission, should it be desired. For the
stacked case, a comparative study was made of a self-contained system for orien-
tation during the first half orbit vs a ground-commanded system which requires
delaying satellite separation until the second apogee, with the result that the ground-
commanded system is recommended. The orientation of the radial satellites also
is by ground command, Preliminary subsystem designs were developed for each
configuration. In the stacked case, this involved a single system on the carrier,
consisting of infrared earth horizon sensors and narrow angle sun sensors for
reference and pulse synchroniiation, and a monopropellant hydrazine system for
reaction control. In the radial case, there is a system on each satellite; a simpler
albedo sensor can be used in place of IR sensors. Essentially the same sun-sensor
network is needed, and a simpler and much smaller ammonia vapor reaction con-~
trol system is used, mounted on one of the booms, Error analyses of the operation
of these systems showed that the pointing accuracy requirements of about three

degrees could be met,

A satellite electrical power subsystem preliminary design also was done, The
design is conventional for a solar array-powered, regulated direct current bus,
including a small secondary battery, With the current solar array configurations,
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total conditioned load power available at the end of six months is 22, 8 watts in both
cases, The radial configuration has solar array growth potential to about 30 watts,
while the stacked configuration is now near its limit, and could provide 25 watts

maximum,

3.4 SYSTEM STUDIES

Certain tradeoff studies of an overall nature were necessary in order to define the
system configuration, The first of these was the selection of the preferred launch
vehicle from the Thor-Delta family, This selection was made on the basis of pay-
load eapability, injection accuracy, projected vehicle availability, and comparative
costs, The principal contenders were the DSV-3E and DSV-3J vehicles; based on
a comfortable payload margin and growth potential at a modest incremental cost,
the DSV-3J was selected, Also, a cursory examination was made of the applica-
bility of the Burner II upper stage to this mission, This assumes the use of the
DSV-3L (iong-tank Thor) booster (or an Atlas booster). The conclusion was that
this is feasible, and should be further evaluated as an alternative approach,

Studies were made to establish detailed sequences of operations required during
ascent and coast and during the extended orbital operations, and identify the resul-
tant equipment requirements on the satellites and on the carrier modules, It was
found that for both configurations, it is not feasible to use the satellite orbital
S-band antennas prior to satellite separation, Therefore, a separate VHF beacon
and command receiver were included in the carrier module in each case, to allow
tracking, command control, and, in the case of the stacked configuration, some
telemetry transmission during the coast phase, Orbital operations were broken into
four modes, and power requirement summaries made for each mode. These are
record, playback, standby, and a real time transmission at reduced data rate for
backup mode. Selection of bit rate during the playback mode determines the need
for battery capacity to support orbit operations, Inclusion of a secondary battery
of under two pounds allows for operation of the data link in a high-rate, 6 watt out-
put mode, as well as standby operation during eclipse periods of up to one hour,
For longer eclipse periods which, depending on launch date, might occur during the
later months of the mission, the satellite will have the capability to turn itself
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completely off after one hour, and to be reactivated when it emerges into the sun-
light,

A study was made of possible spin axis orientations. In the stacked configuration,
the spin axis is constrained by the separation method to be normal to the orbit
plane. In the radial configuration, analysis showed that the increase in the antenna
beamwidth requirement to maintain earth coverage due to aligning normal to the
ecliptic plane is acceptable, and therefore this experimentally desirable orienta-

tion is feasible,

Finally, a detailed comparison of the two alternative configuration concepts was
made on the basis of salient features of design, reliability, operational considera-
tions, and experiment suitability, The result of this comparison was that the radial
configuration is the lighter, simpler, and more reliable of the two concepts, and
offers at least equivalent mission value, and therefore should be the recommended

concept.
3.5 CONCLUSIONS
The conclusions resulting from the study are as follows:

1, Accomplishment of the proposed mission is feasible, based on satellite
technology either existing now or projected for the time period of inter-
est, and using a standard launch vehicle of the Thor-Delta series.

2, The most promising system concept is one in which four identical
satellites are clustered in a plane during ascent, and aré simultaneously
released near apogee, where the spin axis is colinear with the velocity
vector, and deployed by centrifugal force.

3. Based on preliminary design of the radial configuration concept the

following fundamental system parameters and spacecraft requirements
have been established:
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Separation velocity increment magnitudes of approximately

10 meters/sec (between satellites) are required to obtain the
desired initial separations in the region of interest on the order
of 500 km,

The radial deployment concept can provide the required velocity
increments with centrifugal force alone, based on angular
momentum capabilities of the standard Delta spin table,

The radial deployment concept requires a spin axis pointing
accuracy of the payload prior to satellite separation of about

3 degrees, which can be provided. An orbital pointing accuracy
of about 5 degrees is adequate for the experiments, provided the
actual attitude is accurately known. The attitude control system
described in this report will satisfy these requirements.

The reaction control system can be used to give two of the
satellites an additional velocity increment, should it be desired

to establish a particular three-dimensional array.

A total capacity for experiment information of approximately
4x 107 bits of data can be collected per satellite per orbit.
An S-band data link using a solid-state transmitter of 6 watts

output power will provide the necessary communications capability.

Based on the results of this feasibility study, it is recommended that
further investigation be made of the following items: A

a. More detailed array analysis to establish the effect of separation
errors and orbit perturbations on the initial formation of the
array and the change in that formation with time,

b. A more detailed investigation of secular orbit determination

problems including all secondary orbit perturbation effects
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of station location errors and measurement
biases,

c. Additional system trade-off studies to define in more
detail optimum separation and attitude control techniques
for the various alternatives,

d. A more detailed examination of the operational problems and
communications requirements for the coast phase prior to

satellite separations,

e. A more extensive examination of the application of the
Burner II stage to this mission, including a detailed definition
of the required maneuver sequence and flight system modifi-

cation requirements and a comprehensive cost analysis,
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SECTION 4

ORBIT ANALYSIS
4,1 REFERENCE ORBIT

The launch analysis was performed to determine the best possible launch window
for the Ames project. The mission calls for the injection of a multiple satellite
package into a highly elliptical orbit, using a booster from the Thor-Delta series. -
The apogee radius for the orbit was set at twenty earth radii, with a perigee alti-
tude of 318.76 km. The general information on the orbit, as well as the nominal

injection conditions used to achieve this orbit, is presented below:

Radius = 6696. 959 km

Latitude - 14. 2 deb

Longitude - 328, 0 deg

Inertial velocity - 10. 63615 km/sec
Inertial flight path angle = 2.199 deg
Inertial azimuth = 114, 984 deg

Period - 19 23 4™

Figures 4.1-1 through 4. 1-3 are concerned with this nominal orbit and the approxi-
mate times at which several of the critical events occur. Figure 4.1-1 is a plot of
true anomaly and radial distance as a function of time and suggests the approxi-
mate shape of the orbit. Figure 4.1-2 presents in greater detail the orbit in the
neighborhood of perigee. Figure 4.1-3 shows the subsatellite points on the first
orbit about the earth. The period of the orbit is so close to two days that the

vehicle will pass over nearly the same points for the first few weeks.

Several orbital requirements must be considered when choosing the launch window.

One is that the inclination of the orbit plane with respect to the ecliptic plane should
be minimized. The other is that the line of apsidies should lead the sun by an angle
of up to 26 degrees. Figure 4.1-4 indicates that to put the inclination in the desired

* The injection conditions are based on a specific Pioneer trajectory, which is rep-
resentative of the type of ascent which will be used for this mission. The perigee
altitude of 172 nautical miles represents an upper bound; launch date optimization
will result in the selection of a perigee altitude of about 150 nautical miles.
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region, the launch date must be picked in late January or early February. These

dates are independent of year since the inclination repeats itself from year to year.

Once the approximate time of launch is determined, it becomes a question of what
effect the lunar-solar perturbation forces have on the perigee altitude. The 31
January, 1969 date was chosen as a possible launch date and the complete set of
equations of motion were integrated for 16 orbits (about a month) to see how peri-
gee altitude is affected by these forces. If the line of apsidies lies ahead of the sun
by 26 degrees, the perigee altitude drops far below the minimum allowable altitude.
However, it is noted that if injection had occured a little later in time (around four
days), the perigee altitude would have been at the bottom of the ripple and would
have started up instead of down, thus keeping the minimum perigee altitude above
the 120 n. mi. limit.

It may also be noted from Figure 4.1-5 that the various curves of 0, 13, and 26
degrees seem to be of the same form, but shifted to the right for larger lead angles.
If the orbit is integrated for a longer period of time, as was done with the results
presented in Figure 4.1-6, it is noted that the perigee altitude curve is composed
of two parts: an oscillation with a period of half a year due to the sun's apparent
motion about the earth, and a short period oscillation due to the moon's motion.

The period of the rapid oscillation is nearly 14 days.

An attempt was then made to separate the sun's effect from that of the moon. The
sun's effect is best represented by the lines passing between the sun-moon oscilla-
tions in Figure 4.1-6. These curves are very similar and are shifted about two days
to the right for each degree lead of the sun by the line of apsides. The best place
to start on this curve is at the minimum point, which corresponds to 'pointing
directly at the sun. However, to lead the sun by some angle, the corresponding
perigee altitude loss must be accepted. If the moon's position is picked properly
this loss will not be great. To lead the sun by much more than 26 degrees is not
advisable. To assure this, the nominal launch window was chosen to be 13 degrees
ahead of the sun. To show that the perigee altitude never drops below its first
minimum, the equations were integrated for 256 days and the perigee altitude

plotted in Figure 4.1-7.
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The most important consideration is to inject the satellites when the moon is in
its most favorable position. To determine this, the positions of the sun and the
moon were plotted on polar paper with the probe at perigee. By comparing the
points at the bottom of the lunar perturbation curve with their positions in Figure
4.1-8, it can be seen the best time to inject is when the moon lies ahead of the
line of apsides by 0 to 45 degrees. This will always put the perigee altitude curve
on the upswing portion of the lunar curve. Figure 4.1-9 shows three possible

launch windows for 1969 and 1971 in which this condition is satisfied.

The above analysis did not include drag. The program was then run with drag
included, and it was found that the perigee altitude was hardly affected by the drag.
However, the drag did tend to decrease the energy on each pass and thus caused the
apogee altitude to decrease. Figure 4.1-10 presents this effect in terms of the

change in period as a function of orbit number. Again, the effect is very small.

Figure 4.1-11 is a plot of occultation time (the time the vehicle is occulted from
the sun by the earth) as a function of time from injection into an orbit whose line

of apsides leads the sun by 13 degrees and which has an inclination of 6. 6 degrees
with respect to the ecliptic plane. The date of injection was 31 January, 1971,

The period of least occultation occurs when the right ascension of the sun is 180
degrees ahead of the right ascension of the probe at perigee and the maximum
occurs when the sun is in the same position with respect to the right ascension

of the probe at apogee. This injection inclination corresponds to maximum occulta-

tion times and any increase in inclination will tend to reduce the occultation times.
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Figure 4.1-2 Orbit Characteristics Near Perigee
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4.2 SATELLITE DEPLOYMENT
4, 2.1 Introduction

The object is to deploy four satellites in an array to facilitate a study of the solar
wind, the magnetosheath, and the magnetosphere. The satellites must be arranged
so that time and space gradients can be computed from the observations. The
region of principal interest is ten to sixteen earth radii from the center of earth,

In this region a minimum separation of 500 km between satellites is required to
obtain the desired data. Also, the distance between any two satellites must not
exceed 15,000 km,

The satellites are deployed from a highly eccentric orbit with a perigee height of
approximately 100 nm (185 km) and an apogee height of approximately 19 earth
radii (120, 000 km), The deployment is implemented by imparting a small relative
velocity (AV) to the satellites at appropriate points along the orbit,

The first step in determining optimum deployment conditions was a parametric
study of satellite separation. The parameters examined were the separation
true anomaly, and the magnitude and direction of AV. The effect of these
parameters on the subsequent motion of the satellites was studied in detail. The
position of the satellite relative to the nominal orbit was determined as a function

of the nominal true anomaly, as well as the change in the orbit parameters.

Some of the main results of the study are discussed briefly in the following. For a
detailed discussion of these results, the reader is referred to the body of this
report,

It was found that the effect of AV could be studied most effectively in terms of its
components along (or opposed to) the velocity vector of the satellite; normal to the
velocity vector and also normal to the orbit plane (up or down); and finally normal
to the velocity vector but in the orbit plane. See Figure 4.2-1. A AV applied nor-
mal to the orbit has the effect of slightly rotating the orbit about the line from the

satellite to the center of earth, that is, the perturbed satellite oscillates above and
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Figure 4.2-1 Velocity Increment, AV, Resolved Into Components
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Figure 4.2-2 Stacked Array Figure 4.2-3 Radial Array
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below the nominal position with the same period as the orbital period. A AV
applied normal to the velocity vector and in the plane of the orbit may be directed
either in (along FXV) or out (along VXH). In-plane maneuvers cause small changes
in the shape and orientation of the orbit. The orbit may be rotated either clockwise
or counter-clockwise depending upon whether the maneuver is "in" or "out" and
also upon the true anomaly at which the maneuver is made. It was found that the
most desirable separation points are in the neighborhood of apogee, 175 to 185
degrees true anomaly. In this region, in-plane "in'" maneuvers cause the orbit to
rotate clockwise about earth, and "out' maneuvers cause the orbit to rotate counter-
clockwise. The magnitude of these rotations is small compared to other effects.
The main significance of the rotation is the phase shift introduced, i.e., apogee
occurs at a slightly different time, hence the satellite in the perturbed orbit tends

to lead or lag the nominal position. The separation between satellites is due prin-
cipally to this effect., Clockwise rotations cause the perturbed satellite to lead the
nominal position, while counter-clockwise rotations cause the perturbed position

to lag the nominal position,

A AV along (or opposed to) the velocity causes the orbit to increase (or decrease) in
size and hence the orbital period increases (or decreases). If the orbital period of
two satellites differs, their relative positions are not periodic, but change with
every orbit. Thus, it is generally undesirable to have a component of AV along the
velocity vector. It is this secular drift that tends to cause the satellites to drift
apart and eventually exceed the operating range. To maintain a useable array for
the lifetime of the experiment it has been assumed that the AV direction is +3
degrees of being normal to the velocity vector. This is a reasonable value to
achieve, and results in dispersions at the end of life that are within the 15,000 km

limit.

The magnitude of the velocity increment(s) was chosen to give an initial separation
of 500 km when the satellites are at about twelve earth radii. The values may be
readily scaled since the relation between AV and separation is linear, where AV

is much smaller than V.
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Two configurations are considered, both of which result in satisfactory arrays.

One configuration, referred to as the nstacked' configuration consists of four satel-
lites stacked one on top of another (Figure 4. 2-2.) The other configuration, called
the "radial" configuration, consists of four satellites symmetrically arranged ina
plane normal to the spin axis of the carrier so that when released they have a AV

normal to the velocity vector. (See Figure 4. 2-3.)

The stacked array is deployed by a series of maneuvers executed at predetermined
points on the orbit. These maneuvers result in a planar array with a satellite
separation of 100 to 500 Km in the region of interest. Small errors in directing
AV (3 degrees or less) do not greatly effect the initial orientation of the array.

Errors in directing AV, however, are the prime source of array decay.

The radial array is deployed by simultaneously releasing all four satellites, This
must be done at a time when the spin axis and the orbit velocity vector are within

3 degrees of each other to ensure that the AV components along V will be small.

A non-planar array then can be obtained by giving two of the satellites an additional
velocity impulse. The spin axis and the velocity vector are nominally aligned at
perigee and apogee. Separation is at apogee since this is point that is most efficient

and least sensitive to direction errors.

Both modes result in satisfactory arrays; however, the sequence of positioning
events is simpler for the radial configuration. The resulting array in either case
tends to become elongated and unsymmetrical over the lifetime of the mission if

stationkeeping is not performed.

4, 2.2 Theory

The analysis is based on elliptic orbits, therefore it will be useful to give several

definitions and formulas which will be used in the derivations to follow.
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Given the radius at apogee, r,, and the radius at perigee, rp, the semi-major axis,

a, is given by

a = (r +rp)/2 (1)

a

Perigee is the point of closest approach to and apogee is the point of greatest

excursion from the earth,
The eccentricity, €, of the orbit is given by

€ =1- rp/‘,jl (2)

The velocity, v, at a radius, r, from the central body center is given by

2 _ 2
v = p(fF

1
=) (3)

where p is the gravitational constant associated with the central body, The semi-

latus rectum, p, is given by
p = a(l-e) (4
The period, T, of the orbit is given by
+ = 2nVad/u | (5)
The familiar equation of the ellipse in polar form is
r =T coond (8
where the angle 8, called true anomaly, is measured from the radius of perigee.

To get 6 as a function of time, it is convenient to introduce the eccentric anomaly,

E. The eccentric anomaly is related to the true anomaly by the relation

6 _ Jlre E
tan2 = - e tan > (7
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and eccentric anomaly is related to the time since perigee passage, t, by the

equation
E-¢sinE = nt (3)

where n = 271/t is the mean motion., Equation (8), known as Kepler's equation,

is transcendental, hence not solvable by algebraic means, With today's digital com-
puters, however, numerical solutions are readily obtained by iterative means.
Another important quantity to be defined is the path angle é. It is the acute angle
between the velocity vector and the normal to the radius vector. The path angle

may be computed from the relation

€sin @
1 + ¢cos 8 (9)

tan ¢ =
It is convenient to establish a cartesian co-ordinate system and introduce vector
notation. Let the first axis be a unit vector ﬁap directed along the radius vector at
apogee; let the second axis be a unit vector {’\a directed along the velocity vector at
apogee; and let the third axis be a unit vector Hap directed along the angular momen-

tum vector and completing the right-handed orthogonal co-ordinate system.

See Figure 4. 2-4., Inthis co-ordinate system, the radius vector R and the velocity

vector V are given by

N\

= A
R = -r(cosdR__+s8ingV_)
ap ap (10)
and V = V |sin (9 R 4
- [sm( - ®R, - cos (3-0) V,

Several formulas are given below showing the effect of varying the velocity. The
formulas may be readily derived by differentiating the defining equations and mak-

ing appropriate substitutions.

2a2 —_ -
sa = . (V. &V) (11)
or = ——3;‘"“ V- V) (12)
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Figure 4.2-4 Geometry of Ellipse

2 -— — -— —_— . —
6'r:(rpra—r)(V-éSV) + R - V) R - 8V) (13)
pea
p =2 T -R - DER-2V) (14)
s = (r? - rp2> @ 6% - ®- 8V 15)
P
K e
- r® -V ® D
8r, = g e (16)
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Upon examining equations (11) through (16), we see that if 5V is normal to V,
¥ - 5V becomes zero and a considerable simplification of the equations results.
Specifically,

da=57=0 (17)
and

e _ =& _ (RV)(RSV)
8ra~ 8rp ade S e

(18)

Furthermore we note that if 5V is normal to the orbit, and hence normal to both

V and R, then the parameters of equation (18) also become zero, i.e.,

6p = or = 8e=8p=0 19
™~ %Tp P (1)

To take advantage of these simplications, 3V is considered to be made up of
three components: one normal to the orbit; another along the velocity vector;

and the third normal to the other two. Formally, these relations may be stated

siny/ cosm 8VR
5V =8V |cospcosn | =] &V, (20)
siny SVH

where s is an angle measured in the plane of the orbit, from the velocity

vector and positive toward V x H; and 7 is the angle between the ‘orbit plane
and dV.

Let us now consider separately the effects of the three components of oV.
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8V Normal to Orbit. Since &V, is, by definition, normal both to V and R,

equations (17) and (19) hold; thus, the size and shape of the orbit are unchanged.
The only effect of SVH is to change the orbit orientation. This change is a
rotation of the orbit about the line from the body center to the satellite. Since

SVH <« V, the angle of the rotation, p, is given by

8VH

p= AP Toosd (34

Let AR(t) be the vector from the point on the nominal orbit to the point on
the perturbed orbit at the time t. AR can be expressed in components in the
A A
RapeapHap coordinate system. In particular the component normal to the orbit
plane is given by
—_— A

arg = AR Hy (22)

Now suppose that GS is the true anomaly at separation. Then (since p is quite
small),

ary = |AR| = pRsin(6 -6 (23)

Thus, we see that a SV applied normal to the orbit plane produces a displace-

ment from the nominal that has essentially no in-plane component.

8V In-plane, Normal to V. Letus now consider the effect of a SVR in-plane

and normal to V. By the definition of BVR, equations (17) and (18) are applicable.
Since there are no out-of-plane components of velocity, it is clear that there

can be not out-of-plane displacement, i.e., AR-H ap " 0. Equation (18) is useful
in computing the in-plane components of the separation; however, there are two

more effects that must be considered.
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The first is the rotation of the major axis about the central body center. Let 00
be the time anomaly at some time, to' Then, rotations of the semi-major axis

can be expressed as 800. It is found that, in general,

r cosf 6€-3
P

8‘9o= €r sin 6 (24)

If (V-5V) = 0, equation (18) becomes

_ [cosé 2 g'ﬁﬁ)gﬁ-g\?)
86, = ( ae | T )[( pe siné )] (25)

l-e
2e

then the major axis rotates clockwise for —0p< 0<0p and counterclockwise for
<< 2m - 0.
p p

The polarity of the rotation changes when 0= Op = ta.n"1 [ ] . LetR-8V> 0,

In the special case of 8 = 7, we get

60 -4 2 (X - 1) 8V (26
TS »

The second quantity, phase difference 5t, is more difficult to define. First, we
note that even though two co-planar orbits have the same period, they are not,

in general, at the same true anomaly simultaneously, even though they do pass
through some point simultaneously. For two orbits of the same period (and
hence of equal semi-major axes, a), the angular and linear velocity of the vehicle
nearer the central body center is greater. For example, when twb satellites are
separated at some point by the applica.tion of an in-plane, inward 8V that is
normal to the velocity vector \_/' of one of the satellites, the inner satellite gains
on the outer satellite until the outer satellite becomes the inner satellite. At this
point, the lagging satellite gains back all it had lost, and the satellites simultan-

eously reach the original separation point one period later.
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The size of the phase difference depends on the amount the orbit is rotated, the
degree the shape is changed, and the point on the orbit that is being considered.
No closed form solution can be written for the phase difference 8t since solution
of Kepler's equation is involved. The solution in a number of specific instances
was obtained, however, using a digital computer program. To convert the phase
time difference to a position difference, it is necessary to multiply by the velocity
at the point of interest. Thus, the separation due to phase difference is given by

3R, = V 5t (27

The components of the in-plane separation at the point where the orbit intersects

the semi-minor axis, b, are given by

= A . — A »
SrR = 81‘!-12ap Sra + r sinf ?00 + (V- Rap) ot

(28)

A
dry, S_I'{-Va‘p

]
It

— A
b + r cosf 800 + (V-Vap) ot

Figure 4.2-5 illustrates the in-plane separation components with the relative

magnitudes greatly exaggerated so that the effects can be seen.
sV Along V. Equation (12) shows that the change in period, 87, is directly pro-
portional to the component of 8V along V. The displacement due to period

difference is cumulative, being given by

A—I§7 = nV &7 : (28A)

where n is the pass or orbit number. Thus, to minimize the rate of growth of

AR, the component of 5V along V must be minimized.
It should also be noted that 87 is directly proportional to V at the maneuver point.
Thus, for a given component of 6V along V, 87is minimum where V is minimum,

i.e., apogee.
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Figure 4.2.5 Components of In-Plane Separation

AV of Finite Magnitude. All the equations derived above assume that the velocity

variation oV is infinitesimal, In practice, a velocity increment AV, of finite

magnitude, is applied. Thus, we have for example

2
AT = EEZ [V-ZV + élz’—] (29)

instead of (12). In practice, this makes little difference since AV is at least two
orders of magnitude less than V for the maneuvers considered. However, it

does account for A7 not being zero when V-AV = 0, for, in that case, we have

3ar 2 (30)
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Computer Simulation. The equations derived and discussed above are presented

to give some insight into the factors involved in separating two satellites in orbit.
The data to be discussed below were actually obtained from a digital computer
simulation of the satellite separation problem. The computer program, called
the satellite separation program (SSP), gives AR and its components as well as
the variation in orbit parameters for a specified separation true anomaly, 6 g’
and AV. The program gives AR for all points on the orbit where the range is a
multiple of the earth's radius, e.g., r = 12 RE. Also the AR are given for any
pass desired.

Tables 4.2-1 and 4.2-2 give some typical in-plane geparations broken down into
components. Table 4.2-1 gives the separation of two satellites at 12 RE (RE =
earth radius) on both the incoming and the outgoing leg of the orbit. The two
gatellites were initially separated at 176 degrees true anomaly with an in-plane
velocity increment of 5 m/sec inward. Data for three cases are given: one
where AV is normal to V; and two cases where AV is +5 degrees from normal,

but still in plane. Table 4.2-2 gives the same information for satellites separated
at 180 degrees true anomaly. The tables also indicate the period differences AT
for the corresponding cases. Period differences may be regarded as secular
phase changes. It is primarily this factor that causes the satellite array to decay
in time. The rate of decay may be estimated by multiplying the period differences
by the orbit number, n, and the velocity, V, at the point of interest. Thus, at
12 RE, where V = 2 km/sec, for AT = 20 sec we see that after 90 orbits, AR =
90 x 20 x 2 ~ 4500 km.

Pointing Errors in AV. Misdirection of the AV's results in different periods for

the four satellites. Consequently, the shape of the array changes slowly, tending
to become more spread out along the orbit. The extent of the array, ARm ax’

for a given orbit pumber, n, is given approximately by

AR = ARO+ NVATrn

max (31)
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WHEN SEPARATED AT 6 = 176°

Separation Components at 12 RE

AV = 5 m/sec, osep = 176 AR'R_ (km) AR'Vap (km)
m=0° ¢ = 90° in out in out
Rotation (A8 = . 025°) 15 -15 -25 -25
Translation (Arp = 65.3, Aa - 0.2) -65 -65 —_ —
Eccentricity (Ap = 117.8) 136 -126
Phase (AT =1.1) -445 332 23 19
Total -495 252 134 -142

Separation Components at 12 RE

AV = 5m/sec, = 176° AR'R__ (km) AR'V__ (km)
sep ap ap

n=0°%y=95° in out in out
Rotation (A6 = 0.030°) 20 20 -35 -35
Translation (Arp = 56.0, Aa = -6.3) -59 -59
Eccentricity (Ap = 101.0) 115 -115
Phase (AT & 220 AT = -23. 3) -491 395 24 24
Total -530 316 109 -125
E = 0.091053

Separation Components at 12 RE
AV = 5 m/sec, osep = 176 AR’ Rap (km) AR‘Vap (km)
7= 0° ¢ = 85° in out in out
Rotation (A8 = . 019°) 9.5 -9.5 -23.6| -23.6
Translation (Arp = 74,1, Aa = 6.8) -67.3 -67.3 —
Eccentricity (Ap = 133.7) -155.6 | -155.6
Phase (AT= 180 AT = 26. 5) -389.5 314.2 25.8 23.4
Total -456.3 237.4 157,81 -155.8
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TABLE 4.2-2

WHEN SEPARATED AT = 180°

Separation Components at 12 RE

AV = 5 m/sec, Osep = 180 AR'R, (km) ARV (km)
n=0°%u = 90° in out in out
Rotation (A9 = 0.057°) 28,0 km{ -28.0 -70.5 ~70.5
Translation (Arp =0, Aa = 0.2) 0.2 0.2

Eccentricity (Ap = 0) 0.1 1
Phase (At = 240, AT= 1.1 -478.0 476.7 33.2 33.8
Total -449.8 448.9 -37.2 -36.8

Separation Components at 12 RE

AV = 5 m/sec, osep = 180 AR® Rap (km) AR-VaLp (km)
n=0°¢y = 95° in out in out
Rotation (A# = 0.056°) 27.8 -27.8 -69.3 -69.3
Translation (Arp = -10.9, Aa = -5.2) 5.7 5.7

Eccentricity (Ap = 19.7) -23.9 23.9
Phase (At = 240, A = 19.9) -484.4 . 466.5 33.1 31.9
Total -450.9 444.4 -60.1 -13.5

Separation Components at 12 RE

AV = 5 m/sec, Osep = 180 AR'Rap (km) AR-Va_p (km)
n=0° ¢ = 85° in out in out
Rotation (A8 = 0.056°) 27.8 -27.8 -69.3] -69.3
Translation (Arp = 10.9, Aa = 5.7) -5.2 -5.2

Eccentricity (Ap = 19.7) 23.5| -23.5
Phase (At = 240, AT= 22.1) -467.8 48,3 31.9 33.0
Total -445.2 450. 0 -13.9 -59.8
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Where ARO is the initial separation, V is the orbit velocity in the region of
interest, and ATmax is the period difference between the slowest and the fastest

satellite.

An estimate of the precision required in performing the AV maneuvers can be
obtained by solving equation (31) for ATma.x and substituting values for ARmax’ n
V and ARO.

AT o = (AR .. - ARO)/nV (32)

ax

The mission requires that ARmax < 15,000 for a period of six months. Since the
orbit period is very nearly two days, six months is equivalent to n = 90 orbits.
In the region of interest (in the neighborhood of 12 R), V = 2km/sec. AR
differs for the radial and stacked arrays.

Stacked Array. For the stacked array ARO = 1600 km; hence

ATm _ (15000 - 1600) km

ax 90.2 km/sec = 74.5 sec

The combined relative velocity for the stacked array deployment is 20 m/sec.
Thus, if all the errors combined linearly (the worst possible case) the overall

accuracy requirement may be computed from the formula

I ¢ pAT
@ = sin [33.7' VAV} (33)

where V is the orbit velocity at the separation point.

Since a = 67061 km, 7 = 172,828 sec, p = 398,604 km3/sec2 and for the stacked
array V = 1.084 km/sec at the separation points (170 degrees and 190 degrees

true anomaly), we have

a = sint (0.395) = 2.3 degrees

4-30

PHILCO l

PHILCO-FORD CORPORATION

Space & Re-antry
Systems Division




SRS-146

‘ Radial Array. For the radial configuration, ARO = 800 km; thus
- (15000 - 800) km _
ATnax 90. 2 km/sec 79 sec

For the radial deployment scheme to give an initial three-dimensional array, an
additional factor must be taken into consideration. The deployment is completed
by giving a 1.1 m/sec relative AV to two of the satellites in the direction of the
orbit velocity. This introduces a built-in period difference of approximately 48
seconds. Thus, the allowable ATma.x is reduced by that amount, i.e.,

Afma.x = 31 sec

For the radial configuration, the separation velocity is 12,3 m/sec (relative) and
the orbit velocity at the point of separation (180 degrees true anomaly) is 0. 553 km/
sec. Using equation (33), we get

a = gin! (0.523) = 3 degrees
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4.2.3 Study Results

4.2.3.1 Coordinates and Terminology. These results have been based on ideal

elliptical orbits. Air drag and secular perturbations have been neglected.

Figure 4.2-6 shows various parameters describing an elliptical orbit. The true
anomaly, 0, is an angle measured from perigee around the orbit in the direction

of travel. Thus, apogee is at true anomaly 180 degrees. The velocity vector at

any point on the orbit is along the line tangent to the ellipse at that point. The
flight-path angle is measured from the perpendicular to the radius vector to the
velocity vector, This angle is positive on the outgoing portion of the orbit and nega-
tive on the incoming portion. Notice that only at perigee and apogee does the flight-
path angle equal zero. The magnitude of the radius vector is sometimes called range.

Positions on the orbit can be specified in many ways. In this report, position

is usually specified in terms of true anomaly or range in multiples of earth radii
(Re). Specification of position by range is ambiguous because each value of range
occurs on both outgoing and incoming parts of the orbit. It is convenient, however,
because we are concerned with that portion of the entire orbit that lies between
about 8 Re and 16 Re'

The orbit used in the study is described in Figures 4.2-7 thru 4.2-9. Figure
4.2-10 gives a more detailed look at the behavior of flight-path angle in the region
of 150 to 180 degrees true anomaly. This curve also shows the time variation of

flight-path angle; time is measured in seconds from perigee.

4.2.3.2 Satellite Separation Coordinate System. A discussion of multiple satellite

separation requires a coordinate system in which the subsequent satellite array

can be described.

The system chosen is a right-handed orthogonal system with the X-Y plane in the
orbital plane. The X-axis is parallel with the line of apsides (major axis) pointing
toward apogee; the Z-axis is perpendicular to the orbital plane, pointing upward;
and the Y-axis is in the orbital plane, pointing in the direction that the orbital
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velocity vector points when it is at apogee. Figure 4.2-11 shows this coordinate
system at various locations around the orbit.

4.2,3.3 Separation Magnitude vs. True Anomaly of Separation. Figures 4.2-12

and 4.2-13 give an indication of the ' efficiency' of a one meter-per-second
separation velocity when performed at different true anomalies of separation
around the orbit.

In Figure 4.2-12, the satellite is separated up along the H-direction, perpendicular
to the orbital plane. It then proceeds in a new orbit, which is very nearly directly
above the primary orbit. (The primary orbit is the orbit existing before any
separations take place.) A convenient way to visualize the new orbit resulting
from a maneuver (which is directly out-of-plane, either upward or downward),

is the following: The new orbit, for our purposes, is the same size and shape as
the primary orbit, but is rotated about the line passing through the point of
separation and the center of the earth. Thus, if the satellite is separated upward,
its distance above the primary orbit increases as the point of separation travels
around the primary orbit. When it reaches a maximum at some true anomaly on
the opposite side of the orbit, the distance of the satellite above the primary

orbit decreases until the new orbit crosses the primary orbit. This occurs at a
point 180 degrees around the orbit, in true anomaly, from the separation point.
From this point, the satellite continues below the orbit until it again reaches a
maximum, at which point it comes back up toward the primary orbit until it
reaches the separation point, where the two orbits coincide. Figure 4.2-12 shows
the absolute magnitude of this vertical separation of the satellite from the primary
orbit at 12 R e outgoing and incoming. For example, if separation opcurred at
170 degrees true anomaly, with separation velocity of one meter-per-second, the
vertical separation between satellite and primary orbit would be 25 kilometers at
12 Re' outgoing, and 64 kilometers at 12 Re’ incoming. For separation velocities
up to about 15 meters per second, these curves can be scaled up linearly. For
example, if the desired separation is 5 meters per second, the separation in
kilometers from the curves would be five times the separations given, to within

0. 005 percent.
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Figure 42-13 gives similar data for in-plane separations. An in-plane inward
separation is defined to be in the orbital plane, at 90 degrees to the velocity vector,
and pointing toward the interior of the orbit. (In this case, "inward' means to the
left of the orbital path.) An in-plane outward separation is exactly the opposite.
The magnitudes given are the same for both inward and outward separations. As
in Figure 4.2-12, the separation magnitudes can be scaled up for larger separation

velocities.

Visualization of the effect of in-plane maneuvers is more difficult than for the
out-of-plane maneuver because the differences between the new and primary orbits
are more pronounced. A more detailed exposition of these differences will be

found in Paragraph 4.2.2.

Separation magnitude, as used in Figure 4.2-12 and 4.2-13, is the magnitude of
the vector from the primary orbit to the satellite for any subsequent position. The
definition of this separation vector requires more explanation. Consider that the
satellite is separated from a vehicle large enough that the vehicle continues un-
perturbed in the primary orbit. The separation vector is the vector from this
large vehicle to the separated satellite at any subsequent time. When a later
position is specified, such as 12 Re’ incoming, it is the position of the large
vehicle. In reality, of course, we have no large vehicle, only a point. This

point of separation travels around the orbit and the separation is measured from

this point to the satellite.

The separation vector magnitude is expressed in terms of components in the

R, V, H coordinate system.

For a pure out-of-plane separation, the R and V coordinates are negligible. Only

the H-component has a value, and this is the component plotted in Figure 4.2-12.
For a pure in-plane separation, the H-component is zero after separation. The

separation vector is in the R-V (orbital) plane. The separation given in Figure

4.2-13 is the resultant of the R and V components of the separation vector.
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Figure 4.2-14 gives the R and V components which, when combined, give Figure
4,2-13, For example, if separation was at 170 degrees, the R and V components
of the separation vector at 12 Re incoming are -80 km and 53 km, respectively.
Combining these via Pythagorus' rule yields 97 km as the resultant, Looking at
Figure 4.2-13, we see that the separation magnitude at 12 R e incoming for a
separation at 170 degrees is, indeed, 97 km. Figure 4. 2-14, too, can be linearly
scaled if a different separation velocity is desired.

If it is desired that the separation between two satellites be some fixed number

at some point in the orbit, both the true anomaly of separation and the velocity of
separation must be adjusted. Figure 4.2-15 gives this information for a separ-
ation of 500 kilometers at 12 Re’ incoming and outgoing. For example, assume

an in-plane separation between two satellites at 170 degrees true anomaly. When
the point of separation moves around to 12 Re incoming, (202 degrees true anomaly),
the two satellites are separated by 500 kilometers if the relative separation velocity
was 5.2 meters per second. If, for the same separation, a 500 kilometer separ-
ation is required at 12 Re outgoing (158 degrees true anomaly), the separation
velocity required is 17.5 meters per second. Notice that the curves go off-scale
near 158 and 202 degrees true anomaly. Theoretically, the two satellites come
back together at the point of separation. Since these curves require a separation

of 500 kilometers at 12 Re incoming and outgoing, separation at 12 Re incoming

and outgoing requires infinite separation velocity.

4.2.3.4 Effect of Errors in Separation. None of the curves presented so far

involve errors in the direction of the separation velocity vector. All separations
are perpendicular to the velocity vector. In this section, we consider separation
velocities that have a component along or against the velocity vector.

An error of 5 degrees means that the separation velocity vector is tilted 5 degrees
out of the plane perpendicular to the velocity vector. An error forward means that
the separation velocity vector is tilted in the direction of the velocity vector. A
backward error is one that is tilted in a direction opposite to the velocity vector.
Since this definition applies to a ‘}ector pointing in any direction in the plane

perpendicular to the velocity vector, it must be stated whether the separation is
in-plane, out-of-plane, or in some intermediate direction.
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Almost any separation maneuver affects the perigee distance of the orbit. The
effect of a given maneuver on perigee varies with the true anomaly of separation.
The in-plane maneuvers affect the perigee much more than the out-of-plane

maneuvers.

Figure 4.2-16 shows the difference in perigee altitude between the primary orbit
and the orbit subsequent to a maneuver, for various separation modes, without
errors and with 5-degree errors. The perfect out-of-plane error, up or down,
does not affect perigee height, regardless of true anomaly of separation. For
example, suppose the separation is at 160 degrees true anomaly, with a separation
velocity of one meter per second. If the separation is in-plane inward, with a
5-degree error forward, the perigee height increases by 15 kilometers, as read
from curve number 5. If the same separation is out-of-plane upward, with a 5
degree error forward, the perigee height increases by 0.6 kilometer. The period
of the orbit is also changed by a separation velocity error. If the periods of the
orbits of two separated satellites are different by some amount, there will be a
relative drift between them. If thedrift is such that the satellites are moving
apart, the distance between them increases by the same amount during each
subsequent orbit. Thus, a period difference produces accumulative effects.

This is different from the perigee height change, which occurs only once.

The change in period as a function of true anomaly of separation is given in
Figure 4.2-17. Note that the period change is governed by the size of the
component of separation velocity along the velocity vector, rather than the
specific attitude of separation. In other words, an in-plane inward separation
with 5-degree error forward gives the same period change as an out-of-plane
upward separation with 5-degree error forward. For a perfec; separation (that
is, normal to the velocity vector), the period change is less than one-half second.
Both Figures 4.2-16 and 4.2-17 can be scaled linearly.

Figure 4.2-18 is composed of data from Figures 4. 2-15 and 4.2-16. In Figure
4.2-18, the error used ia 5 degrees forward for both in-plane and out-of-plane
separations. The period changes in Figure 4.2-17 were scaled up accordingly to

the velocities in Figure 4.2-15. Thus, if separation is in-plane at 170 degrees
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true anomaly, and 500 kilometers is requiréd at 12 Re incoming, the resulting per-
iod change is 43 seconds.

4.2.3.5 Results of Specific Separation Modes. Two configurations are being con-
sidered for the four-satellite separation: the radial array and the stacked array.
The remaining data show the satellite array after separation for different combina-
tions of errors for the two arrays.

Radial Array. In the radial array, the four satellites are clustered about the spin
axis of the vehicle. At the separation point, they are simultaneously released,

after which they proceed radially outward, separated 90 degrees from each other.
Unless further impulses are applied to individual satellites, the array resulting

from the radial separation remains essentially planar over 90 orbits.

Figure 4. 2-19 shows the separation sequence.

Composite Separation Graph. Figure 4.2-20 describes the motion of the four
satellites for the first orbit after separation at apogee. The separation velocity
between each pair of satellites is 12.3 meters per second. The graphs are centered
at the separation point, or roughly, the center of mass of the system of four
satellites. The H. V. H coordinate system is used to plot the separations. The
top part of the figure shows the motion in the R~V (orbital) plane. This separa-
tion was chosen so that, when released, the satellites A, B, C, and D move out
along paths 45 degrees to the orbital plane. Because of this separation symmetry,
the two satellites separated in an inward direction, A and B, remain lined up

vertically. Thus, when looking down on the orbital plane, they appear as one.
We can consider the curves in the top part of Figure 4.2-20 as the motion of two
satellites sets. Figure 4.2-20 describes a perfect separation at apogee. The
two sets separate at apogee and proceed in an opposite sense along the general
direction of R. As they get farther from apogee, they acquire a separation in
the V-direction. They continue around the orbit to perigee, where their R-
separation is almost zero and their V-separation is8 maximum. The reason for
this is easily seen when we remember that the V-axis is parallel with the velocity
vector at apogee and perigee. lIf there were any significant R-separation at
perigee, it would mean that the perigee heights were different. As the figure
shows, the perigee heights are the same, but the two sets pass the perigee points
one after the other. As they return to apogee on the outgoing leg of the orbit,
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their separation decreases, until at apogee, they theoretically recombine. The
lower half of the figure shows the same motion as seen from a different aspect.
We are looking parallel with the line of apsides from the earth toward apogee.
In this view, all four satellites could be seen. They separate at apogee, two
proceeding upward and two proceeding downward. They reach their maximum
out-of-plane separation (H-direction) at about 10Re. At this point they start
back toward the orbital plane and their V-separation increases. Again, they
are separated widely in the V-direction when they pass perigee. Figure 4.2-15
shows only the path followed by the two satellites that start out upward. The
path for the remaining two satellites, which start out downward, is the mirror

image about the V-axis of the curve shown.

Three Views of Arrays. A method of presenting the data in Figure 4.2-20 in

more detail is to show three views of the entire array as seen at some point in
the orbit. Figures 4.2-21 through 4, 2-23 show the array for the separation
shown in Figure 4.2-20 (perfect separation at apogee) at 12, 14, and 16 Re
incoming. Figure 4.2-21 shows the array as seen on the R-V plane, the orbital
plane. The array is approximately planar for most separations. Non-planar
arrays are presented at the end of this section. The 10 Re array is included in
Figure 4.2-21. Figure 4.2-22 shows the array as seen on the V-H plane. The
V-H plane is the plane perpendicular to the line of apsides. We are looking at
it in the direction of earth from apogee. Notice that the array grows as it
progresses around the orbit from 16 Re to 12 Re' Figure 4.2-23 is a side view
of the array, as seen looking at the "edge" of the orbital plane with the earth on
the left and apogee on the right. For this particular perfect separation, the
relative drift rates between the satellites of the array are small enough that the
change in the array, as seenat a given point in the orbit, may be néglected over
a period of 90 orbits. The three _views that follow, however, show significant
drift over 90 orbits, so they are presented as seen only at 12 Re incoming, but
for 0, 30, 60 and 90 orbits.

Figures 4.2-24 through 4. 9-96 are the three views for a radial separation at
apogee with a 5-degree error in the satellite spin-vector at release. A perfect

separation at apogee for the radial case is defined as a separation that occurs
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when the spin axis of the vehicle is aligned with the orbital velocity vector at
apogee. The separation described by Figures 4.2-24 through 4.2-26 has the
spin axis in the orbital plane, but pointing 5 degrees to the left of the velocity
vector at apogee. Figure 4.2-26 clearly shows the growth of the array through-
out the 90 orbits. Other separations five similar arrays.

Stacked Array. Figure 4.2-27 shows a separation sequence from the stacked
array. The four satellites start out aligned (stacked) along fhe spin axis of the
vehicle. The vehicle spin axis is initially perpendicular to the orbital plane.
At some position in the orbit, the first out-of-plane separation is performed
by separating the end satellites in opposite directions. As soon as possible
after this separation, the two middle satellite are moved in-plane inward.
After a short time, the two middle satellites are separated out-of-plane. The
timing of these maneuvers is dependent on the orientation and size of array
desired. The separation sequence described in Figures 4.2-28 through 4. 2-36
is the following: First out-of-plane separation at 176 degrees true anomaly,
in-plane inward separation at 176 degrees true anomaly, and second out-of-
plane separation velocities are 10 meters per second relative to two satellites
for out-of-plane separations and 5 meters per second for the in-plane motion

of the two joined together, relative to the primary orbit.

This particular sequence for the stacked configuration will yield a planar array if
done without errors. Some combinations of separation errors will give non-planar
arrays. These cases are not discussed as the random errors cannot be depended
on to give specific arrays. The data given in Figures 4.2-28 through 4. 2-37 give

data for a stacked array separation designed to give a planar array.

Three Views of the Arrays. Figures 4.2-28 through 4. 2-30 show the three views

of the perfect separations as described above. All maneuvers are at right angles
to the velocity vector. Notice that, for the particular true anomalies of separ-
ation used for this case, the size of the array shrinks over the period of 90 orbits.
These views are all looking at the array occurring at 12 Re incoming.
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Two error cases are considered for this separation. Figures 4.2-31 through
4.2-33 describe the case where the in-plane inward maneuver has an error of

5 degrees forward and the out-of-plane maneuvers have no error. Figures
4.2-34 through 4.2-36 describe exactly the same situation except that the in-plane
inward separation has the 5-degree error backward, instead of forward. Both

of these arrays expand during the mission, reaching a dimension of 5000 kilo-

meters by 600 kilometers at the end of 90 orbits. The out-of-plane dimension
does not change over this time. The main drift rate is along the R direction.

An interesting difference between these two error cases should be noted. When
the in-plane error is backward, the array dimension along R increases monoton-

ically out to 90 orbits, as shown in Figure 4.2-34.

When the in-plane error is forward, the array shrinks from its first orbit

(Pass 0) to about the seventh, from the on, the array increases in size monoton-
ically out to orbit 90. This is shown in Figure 4.2-31. The array "swaps ends"
between the initial orbit and orbit 30; from then on, it increases smoothly. This
behavior is reasonable when we look at the effects which forward and backward
errors have on the subsequent orbits. A forward error increases the period

of the orbit and a backward error decreases it. Therefore, a satellite separated
with a forward error takes longer to complete an orbit, while one separated with
a backward error completes an orbit faster. The satellite separated backward
overtakes the satellite separated forward after a certain length of time, depending
on the relative magnitudes involved. This is exactly what is happening in Figure
4.2-31. The pair of satellites (see Figure 4.2-27) are separated in-plane inward
with a forward error. Thus, they are initially propelled ahead of the pair (1, 4).
But, by being separated with a forward error, they are sent into a slower orbit,
so they eventually fall behind and are passed by pair (1, 4). For this case, the

pairs pass at about the seventh orbit.

Composite Separation Graph. Figure 4.2-37 is similar to Figure 4.2-20 except
that it is for the stacked array instead of the radial array. Also, both out-of-

plane maneuvers are performed at 180 degrees true anomaly, instead of at 176
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degrees. Since the (1, 4) set of satellites remains on the primary orbit, when
seen on the orbital plane, we can consider the pair (1, 4) as remaining at the
origin of the plot, while the other pair revolves about it.

The angle which the array plane makes with the line of apsides (R axis) can

be seen from the upper part of Figure 4.2-37 from the angular reference lines
provided. For example, the angle made by the array plane when it is at 14 R e
inward is 20 degrees. As in Figure 4.2-20, the separation along V is a maximum

at perigee, where the R-separation is zero.

The lower part of the figure shows the out-of-plane behavior of the pair that
was separated in-plane. The pair we are holding at the origin would just
oscilliate up and down the H-axis. The pair leaving apogee (20 Re), upward
and downward, achieve their maximum out-of-plane separation at about 11 Re’

when they move back down toward the orbital plane.

4.2.3.6 Summary of Planar Arrays. The various separations presented above

are only a few of the infinite number of combinations of separation parameters.

Most of the combinations yield results similar to those shown.

4.2.3.7 Non-Planar Arrays. Many combinations of errors yield arrays that

are non-planar. For example, in the stacked array, if the first out-of-plane
separation has a forward error, the second out-of-plane separation has a
forward error, and the second out-of-plane separation has a backward error,

the array will be an elongated tetrahedron.

Achieving a non-planar array with the radial array is easily accomplished. Omne
method is to move two of the four satellites forward or backward out of the separa-
tion plane. Figures 4.2-24 through 4, 2-40 shown the perfect separation for this
case for the first orbit. Two diametrically opposite satellites are each givena 1.1
meter per second velocity forward out of the array plane at about 180 degrees true
anomaly. To avoid difficulties in visualization, only orbits 0 and 90 are shown for
this case. The arrays on orbit 90 are shown in Figures 4.2-41 through 4. 2-43.
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4.3 ORBIT DETERMINATION

The value of the scientific data being obtained from this mission is dependent on
the accuracy to which the individual satellite positions can be determined as a
function of time. Then, from the individual satellite positions, the relative posi-
tions of the satellites in their configuration can be established. An error analysis
of the orbit determination process was performed using the Philco-Ford Mark II
Error Analysis Program to establish the accuracy to which the positions could be
estimated.

4.3.1 Tracking Network Simulation

The STADAN Tracking Network is used in the evaluation of the accuracy of the
orbit determination process. Table 4. 3-1 presents a description of the tracking
stations that are used and the associated error data used in the analysis. Two
modes of station operation are considered in the analysis: (1) using the tracking
The

analysis of the angle tracking includes the effect of bias errors in both the angles

dishes to provide angle data and (2) the range and range rate measurements.

being measured and the station locations. The tracking coverage provided by the

network is shown at the bottom of Figure 4.3-1.

TABLE 4. 3-1
ERROR DATA
Range I;a:tgee Angles A];liilse Station Location Data
Station R s Oy 5 Errors Period
(Meters) R Deg) x Lat | Long | Alt (Sec)
(m/sec) (Deg) | (Ft) | (Ft) | (Ft)
Santiago 15 0.1 0.0167 | 0,022 | 300 | 300 50 60
Tananarive 15 0.1 0.0167 [ 0,022 | 300 | 300 50 60
Carnarvon 15 0.1 0.0167 [0.022 | 300 | 300 50 60
Rosman 15 0.1 0.0167 | 0.022 60 60 30 60
Fairbanks 15 0.1 0.0167 |0.022 | 120 | 120 50 60
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4.3.2 Results

The results of the error analysis are presented in Figures 4.3-1 through 4.3-4.
Figure 4.3-1 presents the results obtained with angle tracking. The figure shows
the rms error in estimate of position as a function of time. The curves show the in-
fluences of the angle measurements being taken when stations are in view and the
propagation of the errors around the orbit. The solid line illustrates the position
accuracy obtained when the bias errors are neglected in the orbit determination
process. The dotted and dashed curves show the performance degradation when
angle biases and station location errors are included in the estimation process.
They show a relatively minor effect on the accuracy. The first apogee position
error is approximately 10 kilometers, By the time of the second orbit, the
position error is reduced to an average value of approximately 0.5 kilometer,
Figure 4.3-2 shows the individual position uncertainties in I,\\I, {7\, \% coordinates.
These coordinates are vehicle centered and rotating such that: \/} is along the
velocity vector, \?/ is along the angular momentum, and IG is equal to (’C’ X V/S\I).
This figure illustrates the manner in which the position error ellipsoid changes
as the vehicle traverses the orbit. After 2 days the figure shows that all three
coordinates are known to better than 0.5 kilometer. Figures 4.3-3 and 4.3-4
show the same data for the range and range rate [Qeasurements. Figure 4.3-3
shows a position uncertainty of 30 meters at first apogee and less than 10 meters
after the first orbit. Figure 4.3-4 shows the position uncertainty in the I/\‘I, \/}, \xl
coordinates. After 2 days the uncertainty in all three coordinates is below 10

meters.

The analysis described above pertains to the orbit determination of g single
satellite. The process for computing relative satellite positions sho.uld be studied
in a statistical sense, but this has not been done. If one assumes that each of

the individual satellite orbit determination processes is independent of the others,
then one could compute relative satellite positions by combining the position
errors in an rss method. It ig recommended that this particular computation be

investigated in a follow-on effort.
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SECTION 5

SPACECRAFT DESIGN CONCEPTS
5.1 CONFIGURATION STUDIES
Preliminary configuration studies were conducted during the contract to examine a
number of possible concepts and compare their relative merits. As a result of
these studies, two configurations emerged as the most desirable.
This section of the report describes the results of the studies and discusses the
features of the various concepts that were considered. All of the concepts involved
the use of four identical satellites. In addition, the two configurations selected

are described in somewhat more detail and a comparison between them is made.

5.1.1 Deployment Concepts

As indicated in the Ames Research Center Specification for the multiple satellite
system, certain constraints exist which influence the system configuration. The

constraints can be briefly summarized as follows:

The launch vehicle to be utilized shall be one of the Thor Delta series.
A standard Delta fairing shall be employed.
There shall be four satellites which shall be in identical pairs.

R

The scientific payload is not specified but will consist of at least a
plasma probe and a boom mounted magnetometer sensor per spacecraft.

The satellites shall be spin stabilized with a final spin rate of 50-70 rpm.

o0

The spacecraft shall be magnetically clean producing not more than
~ .5 gamma at the magnetometer sensor.

g. Simplicity and reliability are of prime importance

‘ 5-1
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‘ The capabilities of the launch vehicles of the Delta series are discussed in greater
detail in Paragraph 7.1 of this report; however, for the purpose of the configuration
studies the DSV-3E vehicle has been assumed. Greater payload capability exists
in the DSV-3J version, but the added load capacity is not expected to affect the
system configuration significantly, except at the detail design level. In terms of
available envelope within the standard fairing, a change from the 3E to 3J version

would not affect the outcome of the configuration studies.

Figure 5.1-1 shows the payload envelope that was used in the study effort.

FWD, FLANGE,

FW4 THIRD
fe———— 675" —.‘ I+ sTaGE MOTOR
il !
|
v )
8 1 23" DIA
17" DIA - | — l - 1 i
T I 57" DIA
1
A <g— * 29, 914" ™
) 73. 427" 96. 741" __

) '

38" REF

+ -

SECTION A-A

Figure 5.1-1 Payload Envelope

The study revealed that all satellites within the payload could be identical. Since
this was considered a desirable feature, it was adopted as a criterion for all

concepts studied.
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It should be noted that preliminary consideration was given to using an array
consisting of a ""mother" satellite and several ""outlying'' satellites. In this con-
figuration, data are gathered by the outlying satellites, transmitted to the mother
satellite for integration and storage, and then relayed by a single data link to the
ground. The concept offers some potential advantages in compact packaging and
savings in total recorder weight. It would not, however, result in any appreciable
savings in transmitter weight. The principal disadvantage, and it is an important
one, is the additional equipment that would be required on the mother satéllite to
demodulate the digital information from the other satellites. This type of equip-
ment ordinarily is found only-at the ground station, and would represent a major
additional complexity to the airborne system. Also, the concept sacrifices the
redundancy feature of four totally independent satellites. Based on these consider-
ations, the concept was discarded.

Because the scientific payload was not specified, it was assumed that this capability
should be maximized within the constraints of the payload capacity and space avail-
able. The scientific payload weight and volume available within each spacecraft
were considered of prime importance in selecting candidates for further study.

The magnetometer sensors must be boom-mounted to minimize the magnetic field
disturbance at the sensor head. This requirement necessitates the utilization of a
three-boom configuration to maintain spacecraft stability. Previous experience
with magnetically clean spacecraft (the Pioneer, for example) suggests that a boom

length of approximately 6 feet permits the 0. 5 gamma requirement to be achieved.

Initial spin velocity of the payload is achieved by the third stage of the Delta vehicle
prior to third stage burn and payload separation. This initial velocity is further
modified to meet the spacecraft requirements .

Based on the constraints as described above, two fundamental concepts have been
studied. The two categories are referred to as ''stacked" and ""radial" configura-
tions and are described in principle below.

Space & Re-entry
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‘ Stacked Deployment, This basic scheme consists of the four identical spacecraft
arranged in line along the vehicle centerline. The structure of each spacecraft is
constructed around a central cylinder and the central cylinders of the four space-
craft are joined together forming a continuous structure. The upper pair of satel-
lites are separated from the lower pair by a carrier structure, which contains an
attitude control and propulsion system. In the launch configuration, the three booms

of each satellite are folded along the long cylinder formed by the assembled payload.

After spin-up by the third stage of the Delta and third stage burn, the payload is
separated from the launch vehicle by a spring-actuated separation system. At an
appropriate time, the payload is oriented normal to the orbit plane by the carrier
attitude control system. The spring-actuated system simultaneously separates the
upper and lower satellites along the spin axis of the payload. The remaining two
satellites are then moved along a line normal to the velocity vector in the plane of
the orbit. In this new position the remaining two satellites are separated from the

carrier. Figure 5.1-2 shows the stacked arrangement in principle and illustrates
the deployment concept.

=
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Figure 5.1-2 Principle of Deploying Stacked Payloads
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. In this arrangement, the spacecraft' s diameter is maximized within the available
envelope, giving each spacecraft a small L/D ratio.

Bﬂdl.&l.ﬂﬁnlm The initial spin velocity imparted by the Delta third stage is
used to provide the deployment velocity and spin rate to the individual spacecraft.

Four identical spacecraft are arranged in radial fashion within the 57-inch diameter
of the fairing envelope.

In this arrangement, the spin axis of each i{s approximately 18. 6 inches from the
launch vehicle centerline (the initial payload spin axis). The carrier holds the four
spacecraft together until the appropriate position in the orbit is reached. At this
point, the satellites are simultaneously released. In doing so, velocity i{s imparted
to each satellite. This velocity 1s a function of the initial spin rate and the distance
of each satellite from the vehicle spin axis. Upon release, each satellite assumes
a spin rate about its own principal axis, which is equal to the initial spin rate
(principle of conservation of momentum). Figure 5.1-3 shows the principles of this
deployment arrangement schematically.

%

D &

N

N
COAST CONFIGURATION

4

Figure 5.1-3 Principle of Deploying Radial Payloads
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Configuration studies based on the two deployment principles described have been
conducted and a preliminary design based on each is presented here. From the
configuration, mechanization, and structural point of view, the radial design is

preferable.

5.1.2 Spacecraft Requirements

Section 4 of this report described the mission analysis studies. Out of these studies
further requirements have been identified which affect the spacecraft/payload con-

figurations. These are briefly summarized as follows:

a. Separation of the payload from the third stage of the launch vehicle

occurs at or near perigee.

b. Deployment of the satellites occurs at or near apogee. Prior to deploy-
ment, the payload coasts for a minimum of 24 hours. As a result, the
assembled payload must be inherently stable in both the four-satellite
and the two-satellite configurations, i.e., the payload spin axis inertia

must be greater than any transverse axis inertia.

c. To achieve the desired satellite array during the mission lifetime, a
minimum deployment velocity of 15 feet per second (5m/sec) is required.
It is necessary for the spacecraft's separation system to achieve this
velocity at deployment. It will be shown later that supplementary means
must be provided in addition to separation springs in the case of the

stacked configuration.

[n addition, a tentative estimation of the spacecraft power requirements determined
that a minimum of 20 watts is required. This, of course, ultimately depends on
the final selection of the scientific payload and its power requirements. However,
the 20-watt figure was used during the study as a basis for sizing the spacecraft
solar arrays. Due to the tentative nature of this allocation, it was considered

most desirable to provide the means for future growth.
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Means of achieving the above requirements have been studied for both deployment
arrangements and are discussed in the following sections.

Payload Separation. Separation of the payload from the Delta third stage occurs in
both arrangements immediately following third stage burn out. Although the details

of the separation system differ for the two conflgurations, both are achieved in a
similar fashion. Both employ squib-actuated release devices; a small separation
velocity is imparted to the payload by compression springs. The magnitude of the
required separation velocity is not established but, since it is the relative motion
between the payload and the burned out third stage motor which is of primary im-
portance, it is considered a relatively simple matter to achleve adequate separa-

tion. The velocity imparted to the payload is accompanied by a corresponding
reduction in velocity of the burned out third stage motor. This reduction in velocity

is proportional to the ratio of the masses of the two separating bodies. Since the mass
of the payload is approximately four times that of the third stage, the reduction in velo-
city of the latter is approximately four times that of the increase in velocity of the pay-
load. A similar relationship also exists with respect to attitude errors induced at
separation, that is, most of the error is experienced by the third stage motor.

Stability. As has already been mentioned, inherent stability of the payload is
required following separation from the third stage motor and during coast for a
period of at least twenty-four hours. Stability can be achieved by making the
moment of inertia about the spin axis of the payload greater than the moment of
inertia about any transverse axis so that the payload will continue to spin about
the axis of greatest inertia. This requirement was the most difficult to achieve in
the stacked configurations since the assembled payload is essentially a cylinder
having a large L/D ratio of approximately 1.5. A cylinder of uniformly distributed
mass requires a L/D ratio of 0.65 maximum to achieve a stable configuration about
its centerline. It was therefore apparent that every effort would have to be expended
to concentrate the bulk of the payload mass into as short a cylinder as possible.
Of the several stacked configurations investigated, none were stable without first
deploying all of the booms on each satellite. Even with these expedients, the spin-
axis inertia was only 3 percent in excess of the inertia about the transverse axes.
Having reached the required inertia ratio with the four satellite payload, no stability
problems were encountered with the two-satellite configuration.
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On the other hand, the four-satellite radial configuration is inherently stable having
a high inertia ratio. In this arrangement boom deployment is not possible nor
required. If two satellites were to be launched to 40 earth radii, the radial con
figuration requires the addition of two ballast weights, which would replace the

two satellites omitted from the payload. It will be shown later that this is well
within the capability of the launch vehicle for an apogee of 40 earth radii.

Satellite Deployment, Stacked. Figure 5.1-2 has shown a schematic of the stacked

configuration in which two satellites are ejected from the payload in opposite
directions normal to the plane of the orbit. The required velocity of separation has
also been specified as at least 15 feet/sec (30 ft/sec relative velocity between
satellites). This velocity must be achieved with booms deployed; therefore, it is
necessary to minimize the separation accelerations, that is, the stroke of the separ-

ation springs must be maximized.
Assuming that the booms withstand a 2g acceleration (this depends on the boom
configuration, but it will be shown later that this acceleration is not unreasonable

for the stacked payload configuration) and assuming a satellite weight of 70 1bs,

accelerated with a linearly decreasing force, F, then

/Fdx = %MVZ (1)

where F = 70x2 = 140 lbs

32.2
V = velocity at separation
= 15 ft/sec
and x = the required spring stroke
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140 _ 1 . 70 . .2
@ 2 X =3 " 323 15
|
. 0 152
32.3 140
= 3,5 feet
T

That is, to achieve the required separation velocity and to hold the acceleration to
a maximum of 2g, a spring stroke of at least 3.5 feet and & force of 140 lbs.
would be required. Such a spring, or set of springs, would not be practical,
Therefore, it is concluded that supplementary means of providing the velocity after
separation will be required. This can be achieved by the addition of a small solid
rocket motor to each satellite. Initial separation will then be achieved by conven-
tional springs and separation accelerations minimized still further.

Assuming initial velocity from springs is 2 ft/sec from equation (1) with 0, 5g max-
imum acceleration

3. _ 1 _ 70 .2
22X =3 32.2 2
2
_mn o 2?2
X = 35 32.2 12

required spring stroke = 3 in.

The remaining 13 ft/sec can then be provided by the solid motor as follows:
T

Required impulse = / Fdt = MV
o

o 5-9
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28.2 1b sec.

Assuming a maximum of 0. 5g acceleration, this can be accomplished by a solid

rocket of 35 lb thrust and a burning time of—z—i—-

5 secs (0.8 sec).

The solid motor required to provide the necessary impulse may be selected from
many "'off the shelf' sources. For example, Atlantic Research Company model
MARC 15 has a maximum thrust of 38 lbs and a burning time of 0.75 second.
Selection of a flight proven motor of approximately this size would not be difficult
to provide the major portion of the required velocity. The contribution by the
initial spring separation can be designed to match the solid motor selection,

Satellite Deployment, Radial, Deployment of the satellites from the radial con-

figuration payload is achieved by simultaneous release of all four satellites from

a central carrier structure. The deployment velocity is therefore a function of the
radial distance to each satellite center of gravity and the initial spin rate. The
distance from the payload spin axis to the satellite center of gravity is 16. 5 inches.
The initial spin rate is a function of the combined spin axis moment of inertia of
the payload and the Thor Delta third stage motor. Figure 5.1-4 shows an envelope
of spin rates available versus the spin axis inertias of the payload plus the third
stage motor. From this information it can be seen that for a spin axis inertia of
27.0 slugs ft2 (based on the final radial concept described later, plus third stage
motor), a spin rate range of 90 to 142 rpm is possible. Choosing the maximum
rate available of 142 rpm

deployment velocity G '-n

where r = radius of satellite c.g. (ft)

and n
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2 16.5

Velocity = 60 ° 13 - 142
= 20,4 ft/sec.

The required velocities oan obviously be readily achieved by this method.

/-.TAOKID PAYLOAD
/— RADIAL PAYLOAD

/

100 \
AN

140 \

SPIN RATE (RPM)

~—

[} 10 4 8 22 26 30 34 k! }

MASS MOMENT OF INERTIA 3RD STAGE MOTOR AND PAYLOAD
(sLuG FT%)

Figure 5.1-4 Envelope of Available Spin Rates - Delta Third Stage

Satellite Size and Shape. The final on-orbit attitude of the satellites is preferred
to be with their spin axes normal to the plane of the ecliptic.  The most suitable

shape, therefore, is a cylinder having body mounted solar cells. All configurations
studied, with one exception, were of a cylindrical shape whose projected area of
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solar cells was approximately 3.5 square feet. The one exception to the cylindri-
. cal shape was a concept having three paddles with solar cells on both sides of the
paddles. This configuration had sufficient projected solar cell area to provide

approximately an amount of power equivalent to the rest of those considered.

5.1.3 Conceptual Designs

Several iterations of the stacked and radial concepts were investigated before the
two final versions were reached. Each configuration was examined until sufficient
evidence was obtained to eliminate it from further consideration. Since the con-
cepts fell into the two general categories already described, there was a great deal
of similarity between them. The concepts leading up to the two final designs are
described in the next sections.

5.1.3.1 Stacked Concepts.

Concept No. 1. The first iteration of the stacked payload consists of the four

identical satellites joined together by means of their central cylinders "in line"
along the vehicle spin axis. Between the upper and lower pairs of satellites is the
carrier structure, which is the same diameter as the satellite's central cylinders.
This central structure supports the attitude control system used to erect the
payload normal to the orbit plane after separation fron the third stage motor. The
satellite's central cylinders and the carrier structure are joined together by means
of V-band clamps, thus forming a continous cylindrical structure for the complete
length of the payload. This continuous cylinder is the same diameter as a Standard
Thor Delta adaptor structure, which is used between the payload and the third stage
motor. Separation from the Delta adaptor is effected by means of springs and the
squib-actuated V-band clamp provided with the adaptor. Separation of the individual
satellites is by similar means, plus the small solid rocket motors in each satellite.
Five V-band joints hold the payload and adaptor together.

The individual satellite structures are constructed around the central cylinders,
utilizing a horizontal equipment plat form supported by an internal truss. The
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. three booms of each satellite are folded along the body-mounted solar arrays while
in the launch attitude. The center of gravity of each of the satellites is situated
approximately mid-way along each central cylinder.

This configuration, as far as the individual satellite is concerned, had promise of
being the most simple of the stacked configurations examined. However, the
assembled payload has such a high L/D ratio that stability could not be achieved
even by deploying the booms. Had it been possible to increase the length of the
booms to more than ten feet, a stable condition would have been attainable., Since
this was not desirable, this concept was dropped from further consideration. Fig-
ure 5.1-5 shows an outline of this first concept.

Concept No. 2. The arrangement described above gradually evolved into the re-

maining two stacked configurations described here.

In an effort to reduce the L/D ratio of the payload and hence improve the stability
characteristics, a payload of four paddle satellites was examined, The satellites
in this payload consist of a small cylindrical module placed at the center to which
three rectangular paddles are attached. The paddles are arranged in radial fashion
on the module and are placed 120 degrees apart. Both sides of the paddles are
covered with solar cells. All satellite equipment and scientific experiments are
accommodated inside the central module. The distance from the spin axis to the
outermost edge of each paddle is approximately equal to the radius of the cylindri-
cal satellites of Concept No. 1. However, the central module is considerably
shorter than the central cylinder of Concept No. 1. The length of the rectangular
paddle is approximately twice that of the central module. When stacked on top of
each other, the paddles of one satellite are stowed side by side with those of the
adjacent satellite, as shown in Figure 5.1-6. The booms were hinged about the
ends of the solar paddles and folded down in the launch attitude. A cylindrical
carrier structure similar to Concept No. 1 is placed between the upper and lower

satellite pairs.
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The assembled payload is then attached to the third stage motor by the Standard
Delta Adaptor. This payload is considerably shorter than that of Concept No. 1 and,
as a result, is stable when the booms are deployed. However, the configuration has
some disadvantages that caused it to be eliminated. The disadvantges are as follows:

a. The central equipment module is small and must accommodate all the
satellite equipment, including the solid rocket motors for achieving the
necessary velocity. It 18 considered too small and does not allow for
future growth,

b. Clearances between satellites during deployment are oritioal since the
solar paddies must pass over the central module of the adjacent satellite,

The latter disadvantage could be tolerated and possibly compensated for by careful de-
8ign, but the available volume was considered of sufficient importance to eliminate
this conoept from further consideration,

Table 5.1-1 compares the moment of inertia of the payloads and satellites in the
""booms stowed" and "booms deployed"' conditions for Conocepts No. 1, 2 and 3,
Concept No. 3 18 the final version of the stacked configurations and has been ex-
amined in more detail. This concept is described in Section 5. 1.4 of this report.

5.1.3.2 Radial Concepts.

Concept No, 4. This first iteration of the radial deploym ent concept consists of

four small diameter satellites supported on a carrier structure. This, in turn, is
attached to the third stage motor by the Standard Thor Delta adaptor. The carrier
structure extends outward from the adaptor attachment in the form of a cross and
supports each satellite at a distance of approximately 16.5 inches from the vehicle
spin axis. Hence, each satellite is supported on a beam, which is cantilevered
from the central support. The individual satellites are of conventional construction
with a central cylinder. The central cylinder is attached to the cantilever beam
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MASS PROPERTIES OF STACKED CONCEPTS

Booms Stowed

Booms Deployed

I I Inertia I I Inertia
Concept Config. spin trans Ratio spin trans Ratio
4 Sat 34.00 46.34 .73
No. 1 2 Sat 17.00 12. 84 1.32
1 Sat 8.49 4.80 1.76
4 Sat 8.75 2l. 67 .41 31.50 28.08 1.12
No. 2 2 Sat 4.36 7.13 .61 15.70 10. 31 1.52
1 Sat 2.18 2. 64 .83 7. 88 4.23 1.86
4 Sat 15.19 28.02 .54 35.80 34.78 1.03
No. 3 2 Sat 7.58 8.18 .93 17.91 11.56 1.55
1 Sat 3.79 3.23 1.17 8.96 4.93 2.0

All inertias are in slugs/ £2, I
. A stable condition requires that the inertia ratio, SPID , be greater

than 1.0 trans

Frnco]
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structure by means of a V-band clamp, Since a spin rate of approximately 140 rpm
‘ is required to achieve the necessary deployment velocity, bending stresses are
experienced in the carrier beam due to centrifugal forces at the satellite. In addi-
tion, bending in the carrier occurs as a result of payload accelerations along the
spin axis at first, second, and third stage motor burn. Third stage motor acceler-
ations also add to the beam bending stresses. These effects are the critical design
conditions for the supporting carrier structure and result in high bending moments,
causing an excessively heavy structure. This fact alone was the principal reason
for dropping this scheme and proceeding with the next and final iteration, Concept
No. 5, which is described in detail in Section 5. 1-5 of this report. Figure 5.1-7
shows an outline of Concept No, 4. No stability problem exists with either of the
radial concepts.

5.1.4 Stacked Payload
Concept No, 3 of the stacked payloads evolved from Concepts Nos. 1 and 2. It was

an attempt to achieve a stable configuration without employing the excessively long
booms used in Conoept No, 1, and at the same time to obtain sufficient volume to
accommodate scientific equipment with room for growth, From the earlier inves-
tigation it was obvious that to achieve these conditions means would have to be
devised to concentrate the main bulk of the satellites (the equipment and scientific
experiments) as close to the payload center of gravity as possible, Figure 5. 1.8
shows an assembly drawing of this payload in which these objectives have been
achieved, The satellites are cylindrical in shape, as in Concept No, 1 and are
constructed around a central cylinder, However, the carrier structure is not
placed in line with the central cylinders as in Concept Nos, 1 and 2, Instead, the
inner satellites are joined directly together at their central cylinders by means of

a V-band clamp. Each satellite has its equipment mounted on horizontal honeycomb
panels such that the equipment is placed above the top edge of the cylindrical solar
array so that when the inner pair of satellites is attached together their solar array
panels are separated by approximately 17, 0 inches. By this means all equipment
that requires a field of view such as attitude sensors, plasma probes, antennas,
etc., can do so without penetrating the solar array panels. Also, the 17. 0-inch
space between the inner pair of satellites is used to accommodate the carrier
structure, The outer satellites a re joined to the inner pair by means of their
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central cylinders such that their equipment sections are stowed within the "skirt"

of the adjacent satellite formed by its solar array panels,

The resuiting configuration provides a payload that has all of the equipment sections
of each satellite placed as close together as possible, One V-band clamp attachment
has been eliminated, since the inner satelliies are joined directly together rather
than through a carrier structure, The carrier structure is supported by the struc-
tures of the inner pair of satellites such that no pins, clamps or other means re-
quiring a release nicschanism are used at its attachment, When folded all booms
(twelve) are locked to the carrier structure so that all may be released simul-
taneously by a carrier-mounted release system, The carrier structure also
supports the payload attitude and orbit control propulsion syster. A standard

Thor Delta adapter is used with this coxncept.

The following sections describe the salient features of the cesign of the individual
satellites and the carrier, and a weight tabulation,

Satellite. Figure 5, 1-9 shows an assembly drawing of the satellite, All satellites
in the payload are identical with various exceptions.

The satellite consists of a central cylinder around which the remainder of the
structure is constructed. An equipment platform in the form of an annular ring

is attached at 1ts inner diameter at the central cylinder and is supported at its

outer diameter by a truss structure, The truss structure consists of six groups

of radial members equally spaced around the satellite which also provide support
for the six sections of the solar array panels, Three of the truss groups also pro-
vide structural support for the three booms whose hinges arc situated below the
lower edge of the solar array. The equipment panels provide the means of
resisting torsional loads on the structure due to spii: up accelerations or decelerations
at boom deployment. The equipment panel is divided into six segments, three of
which are utilized for the support of satellite equipment, The three equipment
modules thus formed are provided with covers for thermal protection. A tape
recorder is mounted within the central cylinder, as is the small solid rocket motor,
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The three equipment modules contain the science experiments together with the
remaining satellite electronic equipment. The S-band antenna utilized with this
satellite consists of thirty-six, two-inch square, cavity-backed elements arranged
around the circumference immediately above the solar array panels.

At the joint between each solar array panel (equally spaced around the circumfer-
ence) longitudinal structural members are placed, to which the array panels are
attached. These members form part of the internal supporting truss structure,

In addition, one end of these members is specially prepared to allow a connection
to be made with the carrier structure, This connection is one in which shear and
compression forces can be transmitted across the joint but which separates under
tension loads (separation of the two inner satellites from the carrier), The joint
concept shown in Figure 5. 1-8 is a pair of mating serrated fittings capable of being
separated without hangup.

At one end of the central cylinder a single coil spring provides the small separation
velocity, Since there are only three separation systems and three V-band clamps,
certain minor differences exist between satellites, That is, the first two satellites
to be separated retain a V-band clamp while the springs are held by the remaining
two satellites in the payload, Similarly, when the second pair of satellites
separate the V-band clamp remains with one of them while the springs go with the

other..

Three booms are equally spaced around the satellite and are hinged about the three
support points on the truss structure, Deployment of the booms occurs while the
satellite is still part of the payload assembly. Centrifugal forces extend the booms
after release from the carrier and they are depressed approximately 15 degrees
below the horizontal when fully deployed so as to avoid solar array shadowing at
extreme sun angles. The booms are depressed to their final position by means of
springs and positively locked. Damping during deployment is provided for each boom
by a viscous fluid dashpot. Since the booms are deployed at the time that the satel-
lites are separated from the payload, they must be designed to withstand the sepa-
tion accelerations /ﬁicluding the solid rocket motor thrust. However, it can be shown

that these conditions are not critical,
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Assuming a spin rate of 60 rpm, a boom tip mass WF = 2 1b, and a boom mass

WB = 1 1b., moment about hinge H due to spin

w 2 2
T 2m 7.85 (27 _ .
M _ [15. 7% 53¢ x(—so) X 60 x 69, 95J B [———386 x(6——0) 60 x 46, 35J- 262 in, -Ibs.

Moment about hinge H due to separation acceleration (a)

My

I

—[(Zx 47.2) + (1 x 23. 6)] a

il

-118 a in, -lb.

It can be seen from the above calculations that the separation accelerations induce
small bending moments in the boom compared to those induced by the spin rate; in
fact, accelerations of more than 2g are required to balance the moments due to
spin, The spin induced moments are of opposite sense to those induced by sepa-

ration acceleration.

Carrier. Figure 5, 1-8 also shows the carrier structure, which is placed between
the inner pair of satellites, The primary function of the carrier is to support the
components of the payload attitude and orbit control system, to provide locks for
the folded booms, and to support the communications subsystem including antenna.
The structure consists of an upper and lower ring separated by a tubular truss,

At the intersections of the truss members and the rings, contact between the
carrier and the longitudinal members in the satellite is made. Some adjustment

is required at these points to compensate for manufacturing tolerances and to allow
a slight preload to be applied after mating the central cylinders of the two satel-

lites.

Components of the attitude and orbit control subsystem are mounted to honeycomb
equipment platforms which are attached to the carrier-truss members, This

equipment includes:

a. Axial thrust chambers and nozzle for erection normal to orbit plane
b. Radial thrust chambers and nozzle for in plane maneuvers after sepa-

ration of first two satellites
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Attitude control logic

VHF TLM transmitter and command receiver
Digital TLM unit and timer

Propulsion and attitude control system fuel tanks
Four VHF whip antennas,

m e oae

Power for operation of this equipment is made available from the power subsystem
of one of the inner satellites, necessitating an electrical interface between the
carrier and the satellite, The four whip antennas are stowed in the launch configu-
ration by wrapping around the circumference of the carrier and are held in place and
released by the boom lock/release system, The boom locks are released simul-
taneously by means of a pyrotechnic device linking all twelve locks together,

Table 5,1-2 shows a preliminary weight breakdown of the stacked satellite and
the payload in the two- and four-satellite configurations, The two-satellite payload
for the forty earth radii mission employs the two inner satellites only,

TABLE §,1-2 WEIGHT BREAKDOWN - STACKED (LESS SCIENCE)

Payloads
Hem Satellite Four Satellites Two Satellites
Structure 11,50 -— —
Solar Array 7.23 _— —
Electronics 25, 00 - _—
Booms 5.58 - —_—
Carrier -—— 6.60 6. 60
Attitude Control -—= 12,50 12,50
Propulsion 1.0 - _—
Separation System 4,0 —— -
Adapter —— 17,70 17,70
Total Satellite Weight 54. 31 217,24 108. 62
Total Payload Weight -— 264, 04 145,42
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. 5.1.5 Radial Payload

In an effort to eliminate the most significant undesirable feature of Concept No. 4,
that is, the high bending moments induced in the supporting structure, the final
version of the radial payload was evolved. Figure 5, 1-10 shows a drawing of this

payload in its four-satellite configurations,

In this arrangement, the four satellites are attached to a central structure at the
center (spin axis) of the payload so that the centrifugal forces induced by the spin
rate are resisted in tension by the attachment of the satellite to the central struc-
ture., The central structure (release module) attaches the satellite together in such
a way as to make the satellite cluster an integral unit up until the time of satellite
deployment, The cluster unit is then supported on an adapter structure, which
provides the means of resisting longitudinal and transverse loads, The standard
Delta adapter is not used with this configuration but instead is replaced by a
special light-weight truss structure, which is permanently attached to the forward
flange of the third stage motor, The tubular truss adapter provides a more
structurally efficient means of supporting the satellite cluster without high bending
moments, The adapter has four support hardpoints on which the four satellites
are supported and at which four matched springs are used to provide a small
velocity at payload separation, Means are provided at each of the hardpoints to .
resist shear forces due to lateral acceleration of the vehicle, Centrifugal forces
due to spin-up are not transmitted to the adapter structure but are entirely

handled by the central release module,

Two methods are feasible of resisting the longitudinal accelerations of the launch
vehicle caused by first, second, and third stage engine shutdown, which tend to

lift the payload off the four supporting hardpoints, as follows:

a. Individual connections at the four hardpoints which would be released
at payload separation by four individual squib actuated release systems.
Alternatively, the four release systems (pin pullers) could be linked
together by means of a pyrotechnic mild detonating fuse which would be

activated by a centrally located actuator,
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b. A single connection (tie bar) between the central release module and
the truss adapter which would be preloaded in tension to prevent the
payload from lifting off the hard-points during periods of forward accele-
ration, This method would cause bending moments that peak to a maxi-
mum at the center of the release module and would have to be resisted
by the module to satellite connections, Separation of the payload from
the adapter would be accomplished with a single squib actuated bolt
cutter at the central tie bar,

The latter scheme requires only one event (the squib activated bolt cutter) to
separate the payload but induces the highest structural loads while the former
requires four events (four pin pullers) to separate the payload, Either system

is feasible, however, since the pyrotechnic fuse from the actuator to the pin
pullers can be made equal in length and relatively short in scheme (a). The speed
of burning of MDF is of the order of 23000 ft/sec. ; therefore, it is judged that the
time differential between the four releases would be negligible,

Also, since the most significant forward accelerations ocour at third stage
motor shutdown (approximately 18g), the amount of preload in the tie bar is not
unreasonable. The preload would be approximately the mass of the burned
out third state motor x 18,

50.6 1bs x 18 = 910 lbs.

The single tie bar concept is recommended. The tie bar also provides a con-
venient mounting for the VHF antenna which is required for the commmand system,
The whip antenna would be deployed upon separation by the bolt cutter to provide
communication during the coast to apogee. '

The following sections describe the salient feature of the proposed design, including
the individual satellite, the release module and a weight tabulation.

Release Module. The centr,al structure, which ties the four satellites together

prior to satellite deployment at apogee, is essentially a housing for the satellite

release mechanism, In addition, it supports the equipment required to command

the satellite release including a battery, command receiver, timer and VHF antenna,
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Figure 5. 1-10 shows the release module and indicates the means of satellite
release, Each satellite is connected to the module by four pads capable of trans-
mitting shear and compression load across the interface. Tension loads (due to
centrifugal forces) are resisted by a connection that is aligned with the satellite
center of gravity and preloaded to prevent separation of the shear pads under the
action of the centrifugal forces. Each of the four release mechnisms consists of
two hooks which engage two attachment pins on each satellite. The two hooks are
pivoted about a single point, which is attached to a tension cable. Four tension
cables from each satellite release mechanism are passed through a squib
actuated cable cutter, which is capable of severing all four cables at one time.
Each of the cables also has an individual adjustment with which the system can

be preloaded in tension,

The amount of preload necessary to offset the centrifugal forces is quite nominal
and may be calculated as follows (assuming a spin rate of 142 rpm and a satellite

weight of 70 pounds each),

After severing of the four cables, each satellite moves out radially from the
module, pulling the pair of hooks up against two pins fixed in the module structure
which force the hooks apart, releasing the satellite. Thus, the centrifugal forces

are used to unlock the satellite release system.

Satellite. Figure 5.1-11 shows a drawing of the proposed radially deployed
satellite, It consists of a cylindrical equipment module in which the satellite
electronic equipment and scientific experiments are mounted and two sections

of cylindrical solar arrays. The module is made up of two circular honeycomb
equipment platforms situated at each end of a sheet metal cylinder. The two
solar array cylinders are mounted at each end of the module so that a 'belly band"

5-30

PHILCO | Space & Re-antry

PHILCD.FORD CORPORATION Systems Division



SRS-TP146

is formed around the center of the satellite, All sensors, experiments, etc.,
requiring a field of view are mounted within the equipment module so that no
penetration of the solar array panels occurs, Attachment of the satellite to the
release module is also effected in the area of the 'belly band'. On the center
line of each satellite, a mast projects upward, which supports at its top a bi-
conical S-band antenna. The mast is primarily provided to support the antenna
and to separate it sufficiently from the satellite. However, it also provides a
convenient structure that helps to support the extreme ends of the three booms
when folded in the launch and ascent configuration.

The three booms are of the single hinge type, pivoted about three points located
at the extreme lower edge of solar array cylinders and supported by an internal
truss structure, Deployment of the booms is effected by centrifugal forces due
to the initial spin rate, Viscous fluid dashpots are provided to damp the motion
of the booms during deployment, The booms are depressed below the horizontal
by means of springs at the hinge points and locked in their final position, In the
stowed position they are locked together at the central mast. A single locking
device can then provide the release after separation of the satellites from the

payload at apogee.

Table 5. 1-3 shows the mass properties data of the radially deployed payloads and
satellites. It can be seen that the spin axis mass moment of inertia of the satellite
undergoes a large change as the booms deploy, resulting in a loss in spin rate
from the initial rate of 142 rps to 20. 8 rpm when fully deployed. Since the final
spin rate required is 50 - 70 rpm, spin-up a.ftér boom deployment is required.
However, since at the low spin rate the least amount of energy is required to

erect the satellite normal to the ecliptic, this is done prior to spin-up.

The attitude control/spin-up system is mounted at the end of one of the three booms
together with a nutation damper. This system can also provide, with the expenditure
of a little extra fuel, the thrust required for an out-of-plane maneuver of one or all

of the satellites prior to erection normal to the ecliptic, if required.
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Table 5. 1-4 shows a weight breakdown of the four- and two-satellite payloads
and the individual satellites,

In the event of a forty earth radii mission with two satellites, ballast weight would
have to be provided to replace the two satellites omitted from the payload in order
to retain an inherently stable condition. Two of these weights could be placed

at approximately 30 inches from the spin axis and would be approximately 36
pounds in weight each. They would be rigidly attached to the central release module
and not be separated at satellite deployment.

TABLE 5.1-3 MASS PROPERTIES - RADIAL PAYLOAD

Configuration Booms Stowed Booms Deployed

I I Inertia I I Inertia
Configuration Spin Trans Ratio Spin Trans Ratio
Payload 18.1 15. 30 1.17 —_— e -
Satellite only .72 1,92 .37 4,91 3. 07 1.59

TABLE 5.1-4 WEIGHT BREAKDOWN- RADIAL (LESS SCIENCE)

Payloads
Item Satelhteﬂ 1 Four Satellites | Two Satellites
Structure 8.75 _— ——
Solar Array 7.23 - _—
Electronics 25. 00 _— —_—
Booms 6.15 —_— —_
Carrier -—— 5.0 5.0
Attitude Control 2.70 _— —_——
Adaptor -— 12. 20 12, 20
Ballast -—— —_— 72.00
Total Satellite Weight 49, 83 199, 32 99, 66
Total Payload Weight 216, 32 188, 86
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5.1.6 Thermal Considerations

The spacecraft temperature control system uses passive techniques for both con-
figurations., Temperature control is not required during ascent, if the launch
vehicle shields the spacecraft.

5.1.6.1 Requirements, Thermal design requirements are listed in Table 5. 1-5.
The solar flux Is 442 Btu/hr-t‘tz. The seasonal variation is neglected.)

TABLE 5,1-5
THERMAL DESIGN REQUIREMENTS

Satellite Configuration
Mission Phases Radial Stacked
Coast Phase
Total Duration (Hours) 24 24-72
Eclipse Duration (Minutes) None 25 max,
8 Excursion* (Angular Degrees) +26 +15°
Power Dissipation (Watts) 0 0
Orbital Phase
Period (Hours) 48 48
B8 Excursion* (Angular Degrees) 15 +15
Power Dissipation (Watts) 20 21
Eclipse Duration, (Typ. Max.) 1 hour 1 hour
* B is defined in Figure 5, 1-12,
Allowable equipment operating temperature range is 0°F to 120°F, (Exceptions
are the battery and ammonia system, which have limits of 40°F to 100°F,
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5.1.6.2 Satellite Thermal Characteristics, The satellites are spin-stabilized cyl-

inders, and the spin rate is sufficiently high to assure constant temperatures during

a spin cycle,

From the standpoint of thermal design the basic satellite configuration can be divided

into four categories.

20 7P

Equipment Modules
Solar Cell Panels and Satellite Structure
Boom-Mounted Units

Carrier Structure

Fquipment Modules, In each configuration, the equipment modules should be

thermally isolated from the solar cell panels. Temperature of the equipment

modules is controlled by adjusting the exterior surface properties of the equipment

modules,

Figure 5.1-12a and b show the radial and stacked configurations,

Radial Configuration, The equipment module for the radial configuration

is a cylindrical section with equipment mounted to aluminum honeycomb
panels, which form the ends of the cylinder. The honeycomb panels
are thermally conductive to obtain a substantially isothermal equipment
panel. The units are placed for nearly uniform heat dissipation on the
panel, To reduce heat losses during eclipses, the equipment panels
are thermally insulated from the structure and the solar panels by low

thermal conductivity washers,

Because of the small excursion in the solar vector (+5 degrees), the
equipment module is (for all practical purposes) uniformly illuminated
with solar energy.‘ The exterior of the equipment panels and the cylinder
section of the equipment module are finished with alumatone paint

((YS = ,20 and € =,24), This maintains the equipment near its upper
temperature level during sunlight operation and avoids excessive heat

losses during eclipse.
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b. Stacked Configuration, The equipment for the stacked configuration is
distributed between four equipment modules, numbered 1-4 for identifi-

cation purposes. (See Figure 5.1-12b) The equipment allocation, weight,

and average power dissipation for each of the four modules are listed in

Table 5. 1-6.

TABLE 5, 1-6

EQUIPMENT ALLOCATION FOR STACKED CONFIGURATION

Component Weight Average Power
Ompo (1bs) (watts)
Equipment Module No, 1
Transponder 10.0
Power Control Unit .5 1.5
DC/DC Converter 2.5 0.5
TOTALS 10.0 12.0
Equipment Module No. 2
ARC Magnetometer 5.0 3.5
Program Timer 2.0 0.5
Battery 3.5 0
TOTALS 10. 5 4.0
Equipment Module No. 3
Plasma Probe .5 3.
TLM Generator Comm, 3.5 1.5
TOTALS 10.0 5.0
Equipment Module No. 4
Tape Recorder 5.0 0.2
Solid Propellant Motor 0 0
TOTALS 5.0 0.2
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. The equipment modules are thermally isolated from the solar cell panels by the
same mounting techniques discussed for the radial configuration. The equipment
for each module is located on aluminum honeycomb, and aluminum cover are
coupled to the mounting base to insure adequate thermal paths and to provide an

isothermal enclosure for the equipment,

The temperature level of equipment can be maintained by selection of surface coat-
ings for exterior surfaces and adjustment of heat transfer paths from the equipment
panels to individual components.

The variation in sun angle, +15 degrees causes larger excursions in predicted orbit
temperatures of components for the stacked configuration than those for the radial
configuration,

Because of low power dissipation in module No, 4, the tape recorder experiences
the maximum excursion in temperature during its orbital life. Insulation could be
applied to surfaces of module No, 4 to decrease the predicted temperature excur-
sions.

Solar Cell Panels and Satellite Structure, The equipment modules for both satellite

configurations are isolated from the solar cell panels and the spacecraft structure
to reduce temperature excursions of the equipment during eclipse,

The surface properties of the solar cells (solar absorptivity = 0. 76, emissivity = 0. 83)
provide a satisfactory steady state temperature of the solar cells and satellite
structure during sunlight operation, Allowing the back surface of the solar cell

panels to radiate to space reduces the operational temperature of the solar cells

and increases their available electrical power output.

The solid propellant kick motor for the stacked configuration only operates for less
than one second and dissipates a negligible amount of thermal energy; this energy
has been neglected for these preliminary analyses. Its empty case is also a
negligible thermal mass,
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Boom-Mounted Units, Satisfactorytemperature control of the booms and the boom-
mounted units can be obtained for each of the two satellite configurations by adjust-
ing their exterior surface properties, Steady-state equilibrium temperatures can
be adjusted over a wide range. For example, for the ammonia control system, a
pattern of 50 percent alumatone paint and 50 percent colorless MIL-C-5541 on the
sides of the case and 100 percent alumatone paint on the ends of the case will main-

tain a satisfactory case tenperature,

Carrier Structure, The carrier consists of a structure that supports the satellites

during the coast phase and contains communication equipment which is operational
during the coast phase. For the two configurations, the temperature level of the
equipment located on the carrier can be controlled by selection of the proper ex-

terior surface properties on the exterior covers of the equipment,

In the stacked satellite configuration, for which the coast phase is a maximum of
72 hours, the equipment on the carrier structure must endure an eclipse period.
To insure that the communication equipment does not get too cold during eclipse
the exterior surface coating of this equipment is finished with a high g IE ratio.

This insures a high initial temperature prior to eclipse.

5.1, 6.3 Temperature Predictions

Equipment Module, Temperature predictions are based on preliminary thermal

analyses, assuming that the equipment modules and equipment are represented by

a single isothermal node,

a. _Radial Configuration. When the solar vector is normal to the spin axis,
the average orbital temperature of an equipment module finished with a
alumatone paint is 65°F, The +5 degree sun angle variation has no sig-
nificant effect on predicted temperatures because the change in projected

area is less than one percent,

Without internal power dissipation, the predicted minimum temperature

of the equipment module, assuming a single isothermal node, is 15°F
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for a one-hour eclipse and 40°F for a half-hour eclipse. To maintain the
temperature of all the equipment at or above 40°F (the minimum required
temperature of the battery) for the one hour eclipse, a standby power
dissipation of approximately 20 watts would be required.

The temperatures predicted by the single node equipment model are repre-
sentative of a type of average for the external radiating surfaces and the
equipment, The temperatures of the equipment dissipating power can be
controlled to higher levels depending on the degree of isolation from the
radlating surfaces, A more detailed analysis, similar to that performed
in Reference 1, would show that by isolating the batteries from the power-
dissi pating equipment, the temperature of the batteries would be main~-
tained at or above +40°F during eclipse without any standby power, while
the temperature of the remaining equipment would decrease to approxi-
mately +10°F,

During the coast phase, the average temperature of the radial-configura-
tion satellites would be approximately 50°F for the solar vector normal to
spin axis. For an excursion of +26 degrees in the sun angle, the back
surfaces of the solar panels would be exposed to solar energy, but the
ends of an equipment module are shadowed and its temperature would
decrease to approximately 35°F.

Stacked Configuration, The predicted temperature of the stacked con-

erico]

figuration is dependent on the sun angle, B. The assumed paint patterns
and predicted temperatures are listed in Table 5. 1-7. Each of the four
equipment modules for the stacked configuration is assumed to be repre-
sented by a single isothermal node receiving and reradiating solar

energy to space and insulated from other components of the satellite.

Each single-node equipment module can be passively maintained within
its respective temperature limits with the exception of the batteries
located in equipment module No. 2. During a one-hour eclipse period,

the batteries reach a minimum temperature of roughly 17°F; to maintain
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TABLE 5.1-7

ORBITAL TEMPERATURE PREDICTIONS FOR
STACKED-CONFIGURATION SATELLITES, °F

Equipment | Surface Finish Requirements Sun Angle, 8 Eclipse*
Module No.
(Fig. 1b) Sides Top Bottom | -15| 0 | +15 | One Hour|1/2 Hour
50% ALT
1 509 MIL ALT MIL 50 75 82 20 35
30% ALT | 70% ALT
2 70% MIL | 30% MIL MIL 42 46 80 17%* J Ok
30% ALT | 70% ALT
3 70% MIL | 30% MIL MIL 44 48 85 25 32
4 MIL ALT MIL 44 53 84 5 27

ALT -- Alumatone Aluminum o = 0,2, ¢ = 0,24, ale =0.83
MIL -- MIL-C-5541 (Colorless) o = 0.35, € = 0,10, ale =3.5
* T = - o
Based on initial T (P 15°)
** Power Required to Maintain Temperature at 40°F = 4, 5 watts

**¥¥x power Required to Maintain Temperature at 40°F = 2, 5 watts

the temperature at 40°F or above requires 4. 5 watts of heater power.
For a half-hour eclipse, the minimum temperature is 30°F and 2. 5 watts
of power are required. Again, a more detailed analysis would probably
show that the battery temperature during eclipse could be maintained at
or above 40°F by isolating the batteries from the external surfaces of

the equipment modules.

During the coast phase of flight, the average temperature of the stacked-
configuration satellites would be 70°F. During the eclipse, the satellite
temperatures would cool to 20°F for a one-hour eclipse and 35°F for a
half-hour eclipse,
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Solar Cell Panels and Satellite Structure, The solar cell panels for the radial con-

figuration have steady state orbital temperatures of approximately 30°F. The low
temperature is attributed to the fact that the backsides of the panels are free to
radiate to deep space, The back surface of the solar cell panels should be painted
with Skyspare white paint (as =0,22, € =,91), The white paint and the small angu-
lar excursion in the sun angle (+5 degrees) causes a negligible change in the pre-
dicted temperatures.

For the stacked configuration, the excursion in the sun angle is 215 degrees, With
white paint on the back surface of the solar panels, the predicted temperature ranges
from +25°F to 55°F, The higher temperature is attributed to the fact that when the

sun angle is -15 degrees from normal, over 40 percent of the back surface is illum-
inated with solar energy.

Boom-Mounted Units, Satisfactory temperature control can be maintained for the

boom-mounted components during orbit by proper selection of radiative properties
of exterior surfaces. The surface properties of the boom sensors can be selected
so that their case temperature is +60°F, and the case temperature of the ammonia
system is 70°F. The minimum temperature of these units during maximum eclipse

is +15°F,

Carrier-Structure, The carrier structure equipment temperature, like the satel-

lite, can be controlled over a wide range of temperatures dependent on the pre-

scribed surface properties and power dissipation,

Assuming an open structure of aluminum struts with an anodized finish, the tem-
perature during the coast phase is 40°F. During the 25-minute maximum eclipse
of the coast phase, the structure temperature for the stacked configuration would
cool to +15°F,

The equipment mounted on the carrier structure can be thermally controlled by

isolating the equipment from the structure and controlling the surface properties

of the equipment covers, For example, the VHF equipment could be controlled to

90°F during coast and t6 +10°F during eclipse by finishing the cover with 5 percent

MIL C-5541 and 50 percent alumatone paint for the stacked configuration,
5-45/5-46

PHILCO [[aiFs

PHILCO.FORD CORPORATION :s:::l'ﬂ‘-nn.;\rl:frv
on




SRS-TR146

5.2 ATTITUDE CONTROL STUDIES

The principal aim of the attitude control studies was to define control schemes
that met system requirements, and to select the best scheme for each of the con-
ceptual configurations investigated. The requirements and constraints on the con-
trol system were as follows:

e Spin-stabilization at 50~70 rpm
e Spin axis orientation preferably normal to the ecliptic
o Relatively coarse pointing (3 to 5 degrees).

These general constraints were used to determine whether the control system
should be placed on the carrier or on the individual satellites, and whether it
should be self-contained or ground-commanded. The operational constraints
implied by these alternates were also studied, as were nutation damper require-
ments, propulsion system parameters, optimum sensor geometry, attitude and
pulse synchronizing references, sequences of events, and logic schemes for

accomplishing the required sequences.

The configuration studies narrowed down the design concepts to two: the radial
configuration and the stacked configuration. The radial configuration has an
attitude control system on each satellite and is oriented with the spin axis normal
to the ecliptic plane. The stacked configuration has the attitude control on the
carrier and is oriented with the spin axis normal to the orbit plane. After both
ground-commanded and automatic systems were investigated, the ground-commanded
system was found preferable in both configurations. Error budgets appear to con-
firm that the separation velocities can be kept within 5 degrees of the normal to the
orbital velocity vector, as required by the mission analysis. A nutation damper is
recommended on the carrier of both configurations, as well as a boom-mounted
nutation damper on the individual satellites of the radial configuration.

The attitude control systems for the stacked and radial configurations (ground-
commanded) are equally complex; thus, no clear advantage of one over the other
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exists in that regard. However, the lower spin axis drift rates of the radial
configuration combined with its capability for attitude updating, make it the

recommended approach.

One of the first tasks was to determine whether the satellite attitude needed up-
dating after the initial orientation. This was answered by determining the expected
precession rates of the spin axes of the various configurations, and comparing

the resulting offsets at the end of life with mission accuracy requirements.

5.2.1 Spin Axis Precession Analysis

Since the attitude is spin-stabilized, torque causes the spin axis to precess. The
principal sources of disturbance torque are solar pressure, magnetic fields, gravity
gradient effects, air drag effects, and outgassing. Very little can be predicted
about outgassing, but the other disturbance torques have been assessed in a prelim-
inary manner in the following sections,

5.2,1.1 Solar Torque, Solar torque is obviously different for the stacked and the

radial configurations. The first approach was to estimate the total cross-sectional
area and assume a certain distance from the center-of-pressure to the center-of-
gravity. The absorptance of the solar array was taken as 0.7, and for other areas,
0. 3.

With the sun in the spin plane, the cross-sectional areas of the different parts of

the stacked configuration satellite are roughly as follows:

3.5 ft2 a=0.7

1l

Solar array

Equipment modules =1 ft2 a=0.3
Equipment on end of 2
booms =0.41t a=0,3
Booms = 0.6 ft2 a=0.5
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With the booms canted 15 degrees from the bottom of the solar array, the center-
of-pressure is about 7.5 inches below the plane of the top of the solar array, For
a solar constant of 10™" lbs/ftz, the total pressure is about 7.8 x 1077 bs. If the
c.g. i8 located within 1 inch of the c.p., the solar torque is about 6.5 x 10'8 ft~1b.
However, in this configuration, the c. g. is likely to be only an inch or two below
the top of the solar array, which gives a moment arm of ~ 6 inches, or a torque of
~3.9x1077 ft-1b. This torque corresponds to ~ 1 degree precession per month,
resulting in a precession cone with about a 2 degree half-angle. The long term
precession is in the form of a cone because of the motion of the satellite about the
sun.

For the radial configuration, the solar array is split into two parts with a band
between. The areas and reflectivities are:

Solar array = 3.2 ft2 a=0.7

Mid band 0.93ft2 @=0.3

Equipment on end of
booms

0.41‘1:2 a=0.3

0.6fl:2 a=10.5

Booms

Summing the moments caused by these areas and reflectivities locates the c.p.
7. 85 inches from the end of the satelite where the booms are hinged. The pres-
sure exerted is ~ 7.5 x 10-7 lb. A one-inch c.p. -c.g. distance causes a torque
of 6,25 x 1078 ft-1b., correspondingto ~ 0.3 degree precession per month, If,
as is likely, the c.g. is located in the plane of the edge of the belly-band nearest
the boom hinges, then the solar torque increases to~ 1.5 x 10-7 ft-1b, corres-
ponding to ~ 0, 71 degree per month precession. This again demonstrates that
control of the c. g. location by design may be necessary to keep drift rates ac-
ceptably low,
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5.2.1.2 Magnetic Torque. The magnetic torque on the satellite is given by:

T:MSx BE

where:

T = torque on the satellite

ﬁs = magnetic moment on the satellite

Bp = magnetic field of the environment.
The magnetic moment on the satellite was estimated by assuming a dipole at the
satellite c. g., aligned with the spin axis. Its strength was assumed to be such
that it generated all of the permissible 0. 50 gamma at the magnetometer head.
The magnetometer head is located at ~190 cm from the c.g., giving a magnetic
moment of:

Ms = Hr3 =34.4 oersted-cms.

The magnetic field of the environment is hard to evaluate because of the eccentricity
of the orbit and the resulting wide range of altitudes. At apogee, the satellite is
outside the magnetosphere and essentially in the interplanetary magnetic field.
Below about 10 earth radii, the magnetic field of the earth prevails. To estimate
the magnetic torques it was assumed that the principal effect occurs between a

true anomaly of 270 degrees and 90 degrees (i. e., near perigee), which assumes

that the effects above 2 earth radii are of second order.

Since the time required to go from 270 degrees to 90 degrees true anomaly is less
than an hour, the rotation of the earth during the pass was ignored. The earth's
magnetic field was assumed to be a dipole at the earth's center, tilted 11.5 degrees
with respect to the north geographic pole, in the plane of 70 degrees West longitude.
Averaging the torque that was produced during the low part of the pass over the
whole orbit gave a magnetic torque of less than:

T s2x 1079 ft-1b.
m
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. 5.2,1.3 Gravity-Gradient Torques, Torques due to gravity-gradient exist only if

the spin-axis is not maintained normal to the orbit plane, As will be pointed out in
Paragraph 5, 2, 2, the stacked configuration has its spin-axis normal to the orbit
plane; thus the gravity-gradient actually tends to maintain the spin-axis normal to
the orbit plane, The radial configuration, however, has its spin-axis normal to
the ecliptic; thus, the gravity-gradient produces a disturbing torque,

In general, the gravity-gradient torque can be expressed by:

’I‘g - 2R3 (I. -1, )sin2y

where:

1 = gravitational constant = 1, 406 x 1016
R = radius of satellite from center of earth
I. = spin moment of inertia

I, = transverse moment of inertia

Yy = angle between spin-axis and local horizontal

For the radial configuration, Ig = 4.9 slug—ft2 and [, = 3.1 slug—ftz, The angle
v is a function of the inclination of the orbit with respect to the ecliptic, the true
anomaly, and the line of intersection of the orbit plane and ecliptic plane. The
line of intersection between the two planes is assumed to be within 10 degrees of
the line of apsides; it can therefore be neglected. The angle v can then be

expressed as

Y =Y, | sin 7 |

<
(]
]

angle between ecliptic and orbit planes

=3
il

true anomaly of satellite
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‘ If the maximum inclination between the orbit plane and ecliptic is assumed to be

5 degrees, then the gravity-gradient torque can be expressed as:

_6.63x 102 Isin 7|

T
g R3
The time average of the function Lm—%n-l- is ~ 10°24, giving an average gravity-
R

gradient torque of:

T, = 6.6 109 ft-1b.

5.2.1.4 Air Drag Torque, Air drag torque was evaluated by calculating the vel-

ocity change for each pass, relating this AV to a linear impulse, and applying the
linear impulse at a center of pressure that is not coincident with the center of
gravity, Extrapolation of data contained in Reference 1 indicates that the rate of
change in perigee at 100 n, mi, perigee altitude is about 5 X 10_8 km/sec

(16. 4 x 10—5 ft/sec) for the reference orbit. The change in perigee velocity with

respect to perigee distance is:

3V ~3/2
—B = 1721 l1+r
ot /2T, wit +r)
p
where:
Vp = perigee velocity
rp = perigee radius
r = eccentricity = 0,897
p = 1.4X 1016 ft3/sec2

Reference 1: Space Flight Handbooks, Volume 1, Orbital Flight Handbook. Sect. V,
"Satellite Lifetimes, " by G. E. Townsend, Jr.
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For small changes at a perigee radius of 2, 18 X 10'7 ft

-4
= r
AVp 8.2x10 " A P

Multiplying the rate of change of perigee by the orbital period gives a change in
perigee radius on the order of 30 feet for each pass, Thus, for a satellite with a
mass of 2, the impulse imparted by air drag is about 5 x 10'2 Ib-seconds on each
pass. If the impulse is delivered on & 1-inch moment arm for the radial case and a
6-inch moment arm for the stacked case (the same order of magnitude as solar
pressure moment arm), then the angular impulse per pass is 0. 42 X 10'2 ft-1b-
second and 2, 5 X 10_2 ft-lb~second respectively, giving an average torque over the

orbit of
-8
TAD = 2.4X 10 ~ ft-1b (radial)
_ -8
TAD = 14,4 X 10 ~ ft-1b (stacked)

5.2.1,5 Summary of Torque Effects, Table 5. 2-1 summarizes the torques acting |

on the stacked and radial configurations and gives the resulting precession rates
for the combined RSS torque. The solar torque used for the stacked configuration
corresponds to a 6-inch moment arm, whereas the radial solar torque number
corresponds to a 1-inch moment arm. This was done because the equipment loca-
tion in the stacked configuration is much less flexible than in the radial configura-
tion. There is thus a much better possibility of adjusting the c. g. location on the
radial configuration to correspond to the c. p. location.

Table 5. 2-1 shows that even if the solar torque is not balanced, the precession
rates are low enough so that attitude updating is not required during the satellite
lifetime. This means that a separate control system is not needed for each satel-

lite to counter the long term torque effects.
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TABLE 5, 2-1

TORQUE EFFECTS

SRS-TR146

onfiguration
Torque Stacked Radial
-8 -8
Solar 39.0 X 10 6.3 X 10
Magnetic 0.2 x 1078 0.2 x 107°
Gravity-Gradient - 0.66 X 1078
Air Drag 14.4 x 1078 2.4x 1078
RSS TOTAL 41,6 x 1078 6.8 X 1070
Precession Rate* 1,09 deg/mo. | 0. 33 deg/mo
*Spin Speed = 60 rpm

5. 2.2 Operational Schemes for Initial Orientation

The major trade-off study performed involved an examination of the self-contained

and ground-commanded orientation schemes.

To determine the optimum control

scheme, it was necessary to define potential problem areas by first defining for

each scheme its operational constraints, logic requirements, optimum sensor

geometry, and optimum pulse synchronizing reference,

For the stacked configuration, the ground rule was to orient the carrier spin axis

normal to the orbit plane, while the four satellites are still attached to the carrier.
This allowed the satellites to be ejected with a AV orthogonal to the orbit velocity

vector near apogee., It was decided that the orbit plane would be close enough to

the ecliptic plane to obviate spin axis reorientation after ejection, thus eliminating

the need for a control system on each satellite in addition to the one already on

the carrier.
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For the radial configuration, the ground rule was to provide for initial orientation
after release of the satellites from the carrier. This permitted the tangential vel-
ocity of spin at the moment of release to be utilized in obtaining the required separ-
ation AV, Since no in-track AV is wanted, the spin axis must be pointed as closely
as possible to the velocity vector at the moment of release. Also, since initial
orientation occurs after release, four separate control systems are provided -- one
for each satellite, To avoid using a fifth control system to control the spin axis
orientation of the combination, release occurs when the spin axis is collinear with
the orbit velocity vector, i.e., at apogee. Since each satellite has its own control
system, an additional ground rule is to orient the spin axis normal to the ecliptic
rather than to the orbit plane,

5.2.2.1 Seli-Contained Systems, The desirability of the self-contained systems
lies in the fact that, for the initial erection maneuver, no telemetry interface is
required between the satellite and the ground. In the stacked configuration, this
eliminates the need for separate telemetry equipment on the carrier. In the radial
configuration, eliminating the telemetry interface is of no advantage, since the

initial orientation occurs after release from the carrier.

5.2.2.1.1 Stacked Configuration

Operational Constraints, The operational constraints are to some extent deter-

mined by the attitude reference chosen and how it is utilized. There are two basic
ways of orienting the spin axis normal to the orbit plane. The simplest is to use a
horizon scanning system that utilizes only the earth as an attitude reference, A
more complex way is to use both the sun and earth as an attitude reference when

they are in quadrature.

The second method, that of using both the earth and the sun as attitude references,
is too complicated for an automatic system. Local roll information can be obtained
from the horizon sensor system; the other axis, local yaw, is sensed by a sun
angle indicator. Sensing the angle is not difficult, but the angle the spin axis makes
with respect to the sun in order to be normal to the orbit plane, is not constant,

being a function of the day, and time of day of launch, The desired angle with respect
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to the sun must, therefore, be set into the control system a few minutes before
launch time. This can be done, but the lack of significant advantages over the
system that uses only earth sensors, plus the added weight of the sun angle indicator,

excludes this approach from further consideration.

The first method, using earth sensors only, is simpler because no sun angle indi-
cator is required, nor must the earth and sun be detected when in quadrature.

This method takes advantage of the fact that the roll and yaw angles of a spinning
satellite interchange every quarter of an orbit. Thus, a local yaw angle at perigee
becomes a local roll angle at 90 degrees true anomaly. It can be seen then, that
nulling local roll at some point in the orbit leaves only a local yaw error, which

can be removed 90 degrees later as local roll,

A sketch of the orbit shows only two pair of points separated by 90 degrees true
anomaly that have equal altitude. These pairs are at 135/225 degrees and 315/45
degrees. If initial orientation is desired before first apogee, it is obviously im-
possible to make the two roll nulling maneuvers at the same altitude. Horizon
sensor geometry must therefore be arranged for satisfactory performance over a
wide range of altitudes. There are arguments against using the equal altitude
points, other than desiring to complete initial orientation before first apogee. If
the pair near perigee is used (315/45 degrees true anomaly), there is not enough
time for completion of the required maneuvers unless very high torque levels are
used, with consequent reductions in resolution. Use of the pair near apogee
(135/225 degrees) unduly complicates the sensing and logic requirements, since the
residual roll error after the initial erection maneuver could easily be large enough
to cause the horizon sensors to miss the earth, This would require use of the sun
for pulse synchronizing and possibly a sun angle indicator. Also, since the events
will be timer initiated, the necessity of waiting until second apogee means the
period dispersions will cause a larger position uncertainty than if separation is

initiated near first apogee.

These considerations show the desirability of initially orienting the satellite before
first apogee. Since the earth subtends such a small angle near apogee, and since

the maximum dynamic range capability in terms of roll offset is directly proportional
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to the angle subtended by the earth, it is desirable to complete all maneuvers at as

low an altitude as possible,

From sensor considerations, it is desirable to com-

plete the final roll nulling maneuver before 135 to 140 degrees true anomaly,

where the earth subtends an angle of 18 to 20 degrees.

This means that the initial

orientation and roll nulling must be completed no later than 50 degrees true anomaly

(~8. 5 minutes from injection).

These considerations are the primary factors gov-

erning the choice of the representative sequence of events shown in Table 5, 2-2.

TABLE 5, 2-2

SEQUENCE OF EVENTS

True Time
Anomaly From Event Description
(Deg.) Injection
0 Injection
5 0. 75 min Start Initial Spin Axis Erection
(Local Yaw)
35 6.0 min Terminate Local Yaw Maneuver
Initiate Local Roll Nulling
50 9.5 min Terminate Local Roll Nulling
138 2.25 hrs Initiate Local Roll Nulling
140 2, 50 hrs Terminate Local Roll Nulling

PHILCO | 4D
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For the initial part of the maneuver, at low altitude, the yaw and roll motions
require about 115 degrees of spin axis maneuver, as explained later. To accom-
plish this rotation in the time allotted requires an average precession rate of

0.22 degree/second, which implies relatively high torque levels for this con-
figuration. Figure 5.2-1 shows the attitude resolution versus torque level for a
torque pulse angle of 90 degrees of rotation. At 50 rpm, 0.26 degree/pulse is
required, while at 70 rpm, 0.19 degree/pulse is required. Thus, an average
torque at 25 percent duty cycle of 5 ft-lbs should be adequate, giving a little margin.

Decreasing the duty cycle, of course, increases the required torque level.
1.0

-]
a=90
1,=35.8 SLUG-FT?

mUrrrry

5

50 RPM

T T TTrr

T

34 PER PULSE (DEG)

70 RPM

0.010

T 1T T TrT

0,0010 N E R AL 1 L il) b b1 11 42)
° .10 .o 10.0

TORQUE (FT-LB)

Figure 5.2-1 Stacked Configuration, Attitude Resolution vs. Torque Level

Logic Requirements. Since the instantaneous measurement of true anomaly from

the spacecraft is difficult, if not impossible, the true anomaly must be deduced
from the time from injection and the reference orbit. A timer would be necessary

to initiate and terminate the various events at the appropriate time.
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In addition to the timer, synchronizing signals must be generated during each spin
cycle to provide a local yaw or local roll motion of the spin axis. The first maneu-
ver required is a local yaw of the spin axis. This maneuver requires the torque
pulses to be symmetrical about the center of the earth pulses, 1.e., the center of
the torque pulse should coincide with the center of the earth pulse. The two sub-
sequent roll maneuvers require the center of the thrust pulse to be 90 degrees

out of phase with the center of the earth pulse. The sign of the phase shift

is a function of the sign of the roll angle.

There are several ways to synchronize the torque pulses, including schemes that
compute the spin speed and delay the torque pulses the appropriate number of
degrees of spin. For simplicity of implementation, the study was directed towards
geometrical arrangements of the sensors on board to provide the required synchro-
nization. To detect a roll error of a spinning satellite, two IR horizon scanners
are commonly attached to the spacecraft in such a way that the spin of the satellite
causes the two fields-of-view to scan narrow cones, above and below the spin

plane.

One synchronizing scheme considered uses the two roll detection scanners for
synchronizing the thruster for the positive and negative roll corrections; the initial
yaw maneuver is synchronized by a third scanner. Figure 5.2-2 shows the relative

locations of the thrusters and the horizon sensor fields-of view. Horizon scanners

HORIZON
SCANNER
NO,3

L

HORIZON
SCANNER
NO, 2

—— HORI ZON
— SCANNER

T —— o, I

Figure 5.2-2 Sensor/Thruster Geometry
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‘ No. 1 and No. 2 sense the roll and serve as pulse synchronizers by turning on the
thruster during the time they scan the earth if a roll correction is needed. Horizon
scanner No. 3 is used only dui‘ing the initial yaw maneuver, and it also turns on
the thruster during the time it scans the earth. It is apparentthat during the lower
parts of the orbit, the pulse width is going to be rather large, typically varying
from ~150 to 120 degrees for the initial yaw utilizing horizon scanner No. 3.

Another scheme eliminates the third horizon scanner and also gives a shorter,
more efficient torque pulse during the initial yaw. In this scheme, logic is pro-
vided that turns the thruster on when horizon scanner No. 1 leaves the earth and
turns it off when horizon scanner No. 2 intersects the earth. This provides syn-
chronization for the initial yaw maneuver with pulse widths varying from 35 to

50 degrees. The roll correction synchronization is identical to the previous
scheme. The main disadvantage of this approach is that the pulse widths are almost
too narrow, which requires a significant increase in the thrust level required to

deliver the necessary impulse in the allotted time.

Of the two methods, the latter is preferred since it does not require the third sen-

sor, and also because the yaw maneuver is more efficient.

In addition to the above logic requirements, there is also a problem in selecting
the time to stop pulsing the satellite. A simple roll deadband system is inadequate
for two reasons. First, a simple deadband system causes attitude instability*

in the presence of inadequate nutation damping. Second, the large nutation angle
that may exist causes the deadband to be crossed several pulses before the center
of the nutation angle is near the desired attitude. Figure 5.2-3 shows the maxi-
mum nutation angle that can be expected during pulsing, as a function of torque

level. For a 5 ft-1b torque level, the angle is ~5 degrees.

* "Final Report, Spin Replenishment and Spin Axis Attitude Control System'',
Philco-Ford, Aeronutronic Division, Publication No. U-2939, 14 December
1964, p. 1-33.
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Figure 5.2-3 Stacked Configuration, Maximum Nutation
Angle as a Function of Torque Level

Figure 5.2-4 shows typical spin axis motion when subjected to a series of torque
pulses. For the stacked configuration the inertia ratio is 1.03, which means that

a minimum nutation angle is reached every 33 pulses rather than the 16 shown.

Due to the wide range of nutation angles possible; the average roll position

(center of the nutation angle) may not cross the deadband until several cycles after
the first crossing. At an average resolution of 1/4 degree per pulse, the first dead-
band crossing may occur anywhere from 4 to 20 pulses before the average roll

angle comes within the deadband, making a counter impractical. Since it is the
average roll angle we wish to control, this points up the need for extensive filtering
of the roll angle information to eliminate the variations at nutation frequency. There-
fore, the deadband must be set with some consideration given to the lag inherent

in the filter. The presence of the filter means that only the average roll angle is

fed to the deadband circuit, and the instability mentioned previously does not exist.
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Figure 5.2-4 Representative Spin Axis Motion During Maneuvers

Since the filtering is not complete, i.e., some variation remains, there must be
some logic to ensure stability even though a variation of the roll angle still exists.
A counter can be used to bring the average roll angle to within the deadband by
more than the expected variation. The number of pulses required is a function of
the resolution of the control system and the amount of variation remaining on the

roll signal after filtering.

Sensor Requirements and Selection. As pointed out previously, the self-contained

stacked configuration requires two IR sensor heads looking in opposite directions,
as in figure 5.2-5. To provide roll information, the fields of view of the sensors
should be canted as shown. The optimum angle from the spin plane is a function
of the satellite altitude and the desired dynamic range of the sensor.
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Figure 5.2-5 Sensor/Valve Configuration for Stacked, Self-Contained Configuration

A linear approximation of the transfer function of the horizon sensor is:

d=kde

where: ¢ = roll ange indicated
k = constant of proportionality

A6 = difference in earth pulse widths of the two blippers

The constant k is defined as:

k= Jcoszl\ - cos2 A,
4 gin )\

where: )\ = angle between center of sensor field-of-view and spin plane
2)\,= angle subtended by earth
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To include both maneuvers, the sensor must be usable at altitudes of 150 to 20, 000 nm.
Accuracy is of importance primarily during the two roll nulling maneuvers at 4200 nm
and 20,000 nm from the center of the earth. Parametric studies have determined

the optimum offset angle as a function of geometric gain, signal-to-noise ratio, pulse
rise time, and linearity of the actual transfer function. Results of these studies
indicate that, for the initial roll nuiling maneuver, the optimum offset angle, ),

should be about 30 to 35 degrees. The optimum offset angle at the time of the

second roll nulling is about 5 degrees. Choosing a compromise of 8 degrees gives

a linear range at 20,000 nm of 2 degrees and a synchronizing reference for +18 degrees
of roll. The low altitude performance is compromised somewhat because of the
smaller than optimum offset angle. At 8 degrees, the low altitude gain is 1.45 and

the high altitude gain is 0.20. This wide range of geometric gains (k) requires gain
switching between the first and second roll nulling maneuvers for accuracy reasons.

This is discussed further in the error analysis section.

Logic Definition and Description. Figure 5.2-5 shows the relative orientations of

the sensor fields of view and the thruster. Positive and negative roll are defined
in the conventional aircraft sense, i.e., positive roll is "right wing down".
Figure 5.2-6 shows the logic diagram necessary to accomplish the objectives listed

in previous sections.

System operation is as follows. Because of the satellite spin, the fields of view of
the IR sensors are scanned across the disc of the earth, generating a pulse train.
The pulse trains from the two sensors are subtracted and run through a low pass
filter to obtain the average pulse width difference, which is a measure of the local
roll angle. The output of the low pass filter is fed into deadband circuitry. The
deadband circuitry energizes a counter brake if the attitude is outside the deadband.
The counter has an output until the preselected number of pulses has been counted
to get the average attitude well within the deadband. This output is used to ensure
continued pulsing after the deadband circuitry output is zero. The momentary timer
function that energizes the relay connecting the deadband circuitry to the counter
brake is provided to restart the roll nulling logic for the second roll nulling maneuver.

The timer also resets the pulse counter.
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The initial yaw maneuver is performed as long as the timer provides a voltage to
‘ the indicated "and" gate in the upper left of Figure 5.2-6. The ""hold" circuit
holds a voltage from the time horizon scanner No. 1 leaves the earth until reset to
zero by the intersection of the earth's horizon by horizon scanner No. 2. The
"neither" circuit generates an output when neither horizon scanner sees the earth,
and when "anded' with the ""hold" circuit output it provides the desired pulse sync

for the initial yaw maneuver.
A power amplifier is used to drive the thrust valve from the final "or" gate.

5.2.2.1.2 Radial Configuration. In the radial configuration, a control system is

placed on each individual satellite. For this reason, it was decided to orient its
spin axis normal to the ecliptic, rather than normal to the orbit. For spin axis
erection ncrmal to the orbit plane, the system is similar to the one described
in Paragraph 5.2.2.1.1, except that the thrust levels and required impulse are
different. The timer functions occur at different times because of the different

starting point (apogee).

An automatic system capable of erecting the spin axis normal to the ecliptic is
much more complex. Sun angle information is easily enough obtained, but for
control of fhe other axis another source must be found. A star could be used,

but difficulty is immediately encountered in automatically processing star scanner
data on the satellite. If the earth is used, then horizon scanners must be used.
Prior knowledge of the orbit parameters would allow selecting two spots in the
orbit where a pure roll angle would be the required information/ maneuver. How-
ever, the required angle changes as a result of injection dispersions, as well as
the point in the orbit where the horizon scanner reads out the angle between the

orbit plane and the ecliptic.

As a result of the above difficulties, it was not considered desirable to proceed

with detailed definition of an automatic control system for this configuration.
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5.2.2.2 Ground-Commanded Systems. Ground-commanded systems offer the

distinct advantage of greater flexibility in the event of unforeseen circumstances.
The main disadvantage, of course, is the greater requirement for a ground station
interface. More command and readout capability is also required.

5.2.2.2.1 Radial Configuration,

Operational Constraints. The operational constraints for the radial configuration
are derived from the requirement to orient the spin-axis normal to the ecliptic
plane, plus the fact that the satellite is to be ground-commanded.

During the lower portion of the orbit (<90 degrees true anomaly), the speed of the
satellite is so high that é. ground station is not in view long enough to complete a
long maneuver. It was therefore decided to perform attitude maneuvers only when
the satellite is more than +90 degrees true anomaly.

A sun angle sensor is required to orient the spin-axis normal to the sun. The
other axis of information is supplied by earth sensors. Sun sensors, looking

out from the satellite at 90 degree angles with respect to each other, can be used
to provide constant pulse widths for the thruster. This is done by using one
sensor to turn the thruster on, the next one to turn it off; thus, a 90 degree width

is always obtained.

If the spin-axis is not initially normal to the sun line, using the sun as a pulse
reference causes the spin-axis to describe a cone when being maneuvered about
the sun line. The half-angle of the cone is the initial angle between the sun and
the spin axis. Therefore, to assure a planar maneuver for the initial erection,
it is necessary to first normalize the spin-axis with respect to the sun. This
maneuver is also desirable as the first step in orienting the attitude normal to
the ecliptic, since the spin-axis must always be normal to the sun line if it is to

be normal to the ecliptic.
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After normalizing the spin-axis to the sun line, it is necessary to rotate about the

. sun line for approximately 90 degrees. The exact amount depends on the orientation
of the orbit plane with respect to the ecliptic. If the angle between planes is small,
then 90 degrees would be rotated. If the angle is, say, 20 degrees then only 70
degrees need be rotated.

After the satellite is oriented approximately normal tothe ecliptic, additional
readings must be taken from the earth sensors to determine whether further
rotation about the sun line is needed.

With the above considerations in mind, the sequence of events given in Table 5.2-3
was derived.

TABLE 5. 2-3

RADIAL CONFIGURATION SEQUENCE OF EVENTS

True Anomaly Event Description

(Deg.)

180 Release of 4 satellites from carrier
185 Normalize spin-axis to sun

195 ' Rotate ~90 degrees about sun line
240 Spin-up

260 Read out angles from earth sensors
120 Read out angles from earth sensors
150 Read out angles from earth sensors
250 Rotate about sun line if necessary

It should be emphasized that the true anomaly of the above events is not critical.
One of the sensor read-outs should occur as near as possible to the time when the
earth and sun are in quadrature, another when the roll angle is in the same plane

as the maximum angle between the orbit and ecliptic planes.
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Logic Requirements. The logic requirements for this configuration are almost

. entirely for pulse synchronizing, since all attitude data are sent to the ground for

processing.

As shown previously, all attitude maneuvers are either toward or away from the
sun, or about the sun line, making use of the sun as pulse synchronizer the logical
choice. There are two ways of using the sun: have a clock count down the required
number of milliseconds from a sun pulse before firing the thruster, or have four
sun sensors in quadrature to turn the thruster on and off.

The disadvantage of the clocked method is its greater complexity. The command
format must be able to handlea quantitative command that contains the number of
milliseconds to delay from the sun pulse. A register for storage of this number
is necessary, as well as a clock and separate register for counting it down.

The alternate method (using the four sun sensors to turn the thruster on and off)
has been chosen because of its greater simplicity in electronics and command for-
mat. Also, it is not necessary to generate spin rate information, as is required
in the clocked configuration.

Sensor Requirements and Selection. Since the satellite is not oriented nor its

attitude controlled until it is released from the carrier, accuracy requirements
are not as severe as for the stacked configuration. The capability for subsequent
attitude adjustments relaxes accuracy requirements to 3 to 4 degrees. This means
that albedo sensors could be used, which are lighter, simpler, and cheaper.

The geometrical arrangement of the albedo sensors should be such that the angle
between the orbit plane and the ecliptic can be measured when the spin axis is

normal to the ecliptic. With an angle of ~25 degrees between planes and a

A =10 degrees, the earth sensors may not see the earth unless the subtended
angle of the earth is at least 30 degrees. This corresponds to a true anomaly of
4125 degrees. Using a )= 8 degrees would restrict the angle even further to
+119 degrees true anomaly. A X =10 degrees will be chosen to give the longer time

for the sensor information to be observed on the ground.
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In addition to the albedo sensors, a sun angle indicator must be provided for mea-
suring the angle the spin-axis makes with the sun. The Philco-Ford sun angle
indicator can also be used to provide a sun pulse, so that only three other sun
sensors are needed to activate the thrusters,

Figure 5.2-7 shows a typical sensor layout. The orientation about the circumfer-
ence of the albedo sensors is not critical. The sun angle indicator can be placed

at any one of the four S/S locations.

SUN
SENSOR
NO,2

SPIN AXIS

|
7

THRUSTER

THRUSTER

SUN
SENSOR
NO.,1

ALBEDO
SENSORS

SUN
SENSOR
NO, 3

Figure 5.2-7 Sun Sensor Layout for Radial Configuration

Logic Definition and Description. As mentioned previously, a 90 degree torque

pulse width is obtained independently of spin speed by using one sun sensor to turn
on the thruster, and the next to turn it off. Rotation of the spin axis towards the
sun line requires the thruster to be turned on by sun sensor No. 2 and turned off
by sun sensor No. 3. Rotation of the spin-axis away from the sun line requires
turn-on by sun sensor No. 4 and turn-off by sun sensor No. 1. For rotation
clockwise about the sun line. thrusting should be turned on by sun sensor No. 1
and turned off by sun senso: No. 2, Counterclockwise rotation about the sun line

requires thrust turn-on by :un sensor No, 3 and turn-off by sun sensor No. 4.

5-70

PHILCO | C> Space & Re-entry

PHILCO.FOAD CORPORATION .y-t.m- Division



SRS-TR146

Figure 5, 2-8 shows the iogic necessary to turn on the thruster at the required
times. The system is turned on and off in real time by ground command. A com-
mand is sent to enable the control system after the command is sent indicating
the type of motion desired. Suppose it is desired to move the spin-axis clockwise
about the sun line, The command processor applies a signal to the top two "and"
gates in Figure 5, 2-8, When sun sensor No, 1 sees the sun, it applies a signal to
the other input to the '"'and' gate, which then sets the flip-flop so that the thruster
is turned on, After 90 degrees of spin, sun sensor No, 2 views the sun, causing
the "and' gate second from the top to generate a signal and reset the flip-flop
through the other "or'' circuit,

To provide a backup shutoff of the thruster, the flip-flop circuit can be a mono-
stable circuit, which would normally return to its stable state in a little more than
90 degrees of rotation, The reset signal would then merely return the monostable
to its stable state a little before it would do so automatically. While a failure of a
sun sensor or "and'" gate would not be catastrophic, it would consume extra fuel
and the motion would not be quite as desired, as some impulse would be applied
about an orthogonal axis,

An alternate, which requires a quantitative command is a counter, which would then
apply a signal to the "and'' gate driving the power amplifier until the appropriate
number of pulses had been fired, The counter command would be sent before com-
manding the desired maneuver and pulsing would occur until the desired number of
pulses had been fired, The previous scheme requires no counter nor quantitative
command, making it the favored scheme, The torque level can be made low enough

so that real-time commanding presents no resolution problem,

5.2.2.2,2 Stacked Configuration

Operational Constraints, The operational constraints for the stacked configuration

are derived from the requirement to orient the spin-axis normal to the orbit plane,

plus the constraint of being ground commanded.
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As with the radial configuration, being ground-commanded implies that attitude
‘ maneuvers must be performed on the high side of +90 degrees true anomaly, At
this time the earth sensors do not scan the earth and cannot supply the required
synchronization pulses for the initial erection maneuver, Therefore, these maneu-
vers are performed with respect to the sun, i,e,, towards or away from the sun or
about the sun line,

Subsequent roll nulling maneuvers are made using the earth sensors as a pulse synch-
ronization reference., This eliminates the need for spin rate information, a quanti-
tative command containing the number of milliseconds to wait from the sun pulse, a
register to store the wait, and a second register and clock for counting down to the
firing time each cycle,

The fact that initial erection cannot be accomplished before first apogee presents

an additional constraint, This is the result of the requirement to make two roll
nulling maneuvers separated by 90 degrees true anomaly. Since the first roll nulling
maneuver cannot be made until sometime after 90 degrees true anomaly, the second

one cannot be made until after first apogee (180 degrees true anomaly).

Since the sun can be as far as 26 degrees from the line of apsides, a motion about
the sun line, without first normalizing the spin-axis to the sun, is a cone with a

64 degree half-angle. Therefore, the first maneuver must normalize the spin-axis
with respect to the sun line. After this, the spin-axis is rotated 90 degrees open
loop about the sun line to get it approximately normal to the orbit plane. The roll
angle is then nulled at 225 degrees true anomaly and again at 135 degrees true
anomaly. Since the spin-axis should be normal to the orbit plane by this time, the
control system may be shut off. Table 5. 2-4 shows a representative sequence of

events for the stacked configuration,

Logic Requirements. The logic circuitry (with sensors) must do the following:

provide torque pulse synchronization for maneuvers of the spin-axis towards or
away from the sun; provide torque pulse synchronization for spin-axis precession
clockwise or counterclockwise about the sun line; and provide torque pulse synchro-~

nization for positive or negative local roll maneuvers.
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’ TABLE 5. 2-4

SEQUENCE OF EVENT, STACKED CONFIGURATION

o —— et e nee

True Anomaly Event Description
' (Degree)
0 Injection
90 Normalize spin axis to sun line
110 Perform 90 degree maneuver about sun line
132 Start nulling local roll
135 Stop nulling local roll
222 Start nulling local roll
225 Stop nulling local roll
132 Start nulling local roll (if necessary)
135 Stop nulling local roll
176 Eject First pair of satellites
Burn AV motor
178 Eject second pair of satellites

These requirements can be met by using a clock and counting down from a sun
pulse as before, However, since it is desired to use only tonal type commands
without any quantitative command requirement, sensor arrangements are pre-

ferred for synchronization.

The sensing and command scheme used for the radial configuration provides all the
required logic except the earth roll nulling synchronization. Figure 5, 2-9 shows the

sensor layout required to provide the above logic and sensing functions.

Sensor Requirements and Selection, Because of accuracy requirements for the roll

nulling maneuvers IR horizon scanners are required in place of albedo sensors, Two
scanners, 180 degrees apart, look out from the spin-axis. Since all roll nulling
maneuvers are supposed to take place at +135 degrees true anomaly, the sensor
geometry can be optimized for this altitude (5.7 earth radii from earth center).

At this altitude, the earth subtends an angle of about 20 degrees, The optimum

offset angle, A, is determined by accuracy and dynamic range requirements.
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Figure 5.2-9 Ground Commanded Stacked Conflguré,tion Sensor Arrangement
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Small offset angles of 1 or 2 degrees provide less sensitivity to bolometer noise,
but the larger offset angles provide greater dynamic range. For this altitude it
appears that an offset angle of ~5 degrees would give a good compromise between
accuracy and dynamic range. One sensor will start missing the earth at about a
5 degree roll error, but a synchronizing signal will be available for roll angles as

large as 15 degrees,

In addition to the two IR horizon sensors, a sun angle sensor is needed for the
initial normalizing to the sun, It is also used to generate one of the sun pulses,
Three additional timing sun sensors are required to complete the synchronizing

sensor scheme,

Logic Definition and Description, The 90 degree torque pulse width is obtained
independently of spin speed by using two successive timing sun sensors to turn the
thruster on and off. Rotation of the spin axis toward the sun requires turn-on of
the thruster by sun sensor No, 2 (Figure 5. 2-8) and turn-off sun sensor No. 3.
Rotation away from the sun requires turn-on by sun-sensor No. 4 and turn-off by
sun sensor No. 1. Clockwise precession of the spin axis about the sun line requires
thruster turn-on by sun sensor No. 1 and turn-off by sun sensor No. 2. Counter-
clockwise precession requires turn-on by sun sensor No. 3 and turn-off by sun
sensor No. 4. A positive local roll maneuver requires thrusting to occur while
horizon scanner No. 2 views the earth. A negative local roll maneuver requires
thrusting while horizon scanner No. 1 is viewing the earth. While doing local roll
maneuvers the pulse width is less than 90 degrees; thus, the resolution of the sys-
tem is better during the final touch-up of spin-axis orientation than during the ini-

tial portions of erection.

Figure 5. 2-10 shows the logic block diagram for the stacked configuration, The
system operates as follows. The command processor decodes tonal commands and
applies a signal to the appropriate wire until a new command is received to remove
the signal. These signals represent the type of motion desired, and for motions with
respect to the sun the logic works exactly the same as for the radial case, ifa
positive roll maneuver is desired, then the power amplifier will have an input

whenever horizon scanner No. 2 is scanning across the disc of the earth. The
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thrust level will be chosen so that real-time shut-off by the pulse train presents no
resolution problems, The alternative, of course, is a pulse counter, with its
attendant requirement for a quantitative command.
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Figure 5.2-10 Stacked Configuration Ground Commanded Logic Diagram
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5.2.3 Subsystem Requirements

5.2.3.1 Initial Orientation Accuracy. Because of the difference in initial deploy-

ment schemes, the accuracy requirements for the initial orientation of the radial
and stacked configurations are not the same. The overall accuracy requirement
for attitude orientation is rather coarse, 3 to 5 degrees. Since, in the radial con-
figuration, release of the satellites occurs before initial orientation, the initial
orientation accuracy desired is 3 to 5 degrees. Capability of subsequent attitude
corrections to compensate for drift due to distrubance torques also eases the initial

orientation accuracy requirements.

The initial orientation accuracy requirements for the stacked configuration are a
little more stringent. At the time of ejection of the final pair of satellites, a spin
axis orientation within 2 to 3 degrees of the orbit normal is desirable to keep the
AV imparted along the orbital velocity vector at a low value. A 5-degree error at
the time of ejection leads to marginal satellite positions at the end of one year. The
higher drift rates due to distrubance torques also make it desirable to have the error
small at ejection, The lack of correction after first ejection and orbit adjustment
means that errors induced by these events still exist at second ejection. Therefore,
it appears that the initial orientation should be made to at least 1 to 2 degrees to

the orbit normal. A more complete error analysis appears in Paragraph 5.2.4.
This accuracy requirement is valid for both the automatic and ground-commanded

versions of the stacked coriﬁguration.

5.2.3.2 Ground Station Requirements. The ground station requirements for the

radial configuration will be treated first. To command the release of the satellites
from the carrier, a ground station should be available when the total payload is at
apogee. This occurs between 21 and 28. 5 hours from injection, depending on in-
jection parameters. After satellite release, each satellite may require from 15 to
20 minutes of real-time cémma.ndéd attitude maneuvers. This accomplishes the
initial erection, after which attitude data need be taken at only one or two points in
the orbit. Subsequent real-time commanding of attitude maneuvers takes less than
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5 minutes for final orientation, with possibly 5 minutes additional every three
months until the fuel is exhausted. The timing of these subsequent maneuvers is
not critical, although there may be a 1 or 2-hour tolerance as to when attitude
measurements should be made.

For the stacked configuration, two sets of ground station requirements must be
enumerated. For the self-contained system, the only ground station requirements
are derived from the ejection sequence, At 176 degrees true anomaly (+0. 26 de-
grees), a command must be sent to eject one pair of satellites and initiate the AV
maneuver. The AV maneuver may take as long as 15 minutes, at which time it is
terminated by a real-time command. At 178 degrees (+2 degrees) true anomaly,
the second pair is ejected by real-time command. This sequence yields an array
that is planar for all practical purposes, When a non-planar array is desired, the
sequence of events is slightly different, as indicated in the section on mission
analysis. First ejection occurs by real-time command at 170 degrees true anomaly;
second ejection occur at 190 degrees true anomaly. The in-plane AV is performed
individually by the satellites, so that each needs a command for the out-of-plane

and in-plane maneuvers,

For the ground-commanded stacked configuration, a ground station is required at
+135 degrees true anomaly (+10 degrees) for two roll nulling maneuvers of less
than 10 minutes each. In addition, the initial maneuvering requires one-half hour
of real-time commanding between a true anomaly of 90 and 125 degrees. There
are also the ejection requirements mentioned previously for the self-contained

system. Figure 5.2-11 summarizes ground station coverage requirements.

5.2.3.3 Command and Telemetry Requirements. The command and telemetry

requirements are summarized in Table 5.2-5. For the sake of simplicity in the
command system, no quantitative commands have been used. To do this, it has

been necessary to require the capability of turning off a command in real-time at
the end of a predetermined number of revolutions. Also, counter read-out is

necessary to know how many pulses were applied during a particular maneuver.

RV
PHILCO C, Space & Re-entry

FHILCO.FORD CORPORMATION Systems Division




SRS-TR146

CONFIGURATION TRUE ANOMALY
90 180 270 360 Q0 180 270
- —+ + ' + + + +
RADIAL oo |
STACKED
o I
5 - ! 11

(1) SELF-CONTAINED
(2) GROUND-COMMANDED

Figure 5, 2-11 Summary of Ground Stations Coverage Requirements

TABLE 5. 2~

(]

SUMMARY OF COMMAND AND TELEMETRY REQUIREMENTS

Configuration

Radial

i
1
|
f Stacked

] . Automatic
i

|

|

{

i

i

|

2. Ground
Commanded

1.
-y
o
o,

| procco B2

Command

Rotate towards Sun-Line
Rotate away from Sun-Line

Rotate clockwise about Sun-1.ine

Rotate CCW about Sun-Line
Spin-up

Turn Heater "ON'"

Turn Heater "OF

Ejeet first pair
Durn AV
Fjcet second

Rotate towards Sun-Line
Rotate away from Sun-1l.ine
Rotate C'W about Sun- Line
Rotate CUW about Sun- Line
Rotate in + Roll Direction
Rotate in - Roll Direction
Eject first pair of satellites
Perform AV Maneuver
Ejeet second pair

1.
2

DS =

= e

Telemetry

———— ]

Sun Angle: 8 Bits
Roll Angle: 5 Bits
Spin Counter: 5 Bits

Pressure I'ransducer: 5 bits
PPulse Counter; 10 Bite

Pressure Transducer: 5 bits
Sun Angle: 8 Bits

Roll Angle: 5 Bits

Pulse Counter: 11 Bits
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In the stacked configuration, a pressure transducer must be read out to know how
many pulses a maneuver should require. In the ground-commanded system, sun

angle and roll angle information must be telemetered to the ground. Ejection and
orbit adjust commands must be provided, in addition to maneuver commands re-

quired by the ground-commanded system.

In the radial configuration, sun angle and roll angle information must be telemetered,
along with spin rate information to provide spin-up requirement information., The
command requirements include the four maneuver requirements, spin-up, and

{since an ammonia system is used) a command to turn a fuel heater on and off.

5.2.3.4 Nutation Damper Requirements.

Stacked Configuration. The requirement for nutation dampers is derived from a

consideration of the events that must take place and how a nutation of the spin axis
would affect these events. For the ejection maneuvers, little or no nutation is de-
sired,so that the orientation at separation can be more precisely controlled. Zero
nutation also minimizes the possibility of the booms colliding with the carrier and

two remaining satellites after ejection of the first pair.

The carrier with four satellites is expected to separate from the last stage of the
booster with as much as a 2-degree nutation angle. During the first roll nulling
maneuver, the wide pulse width and high torque level may leave as much as 8 to
10 degrees of nutation, in addition to that due to injection, depending on where in
the pulse train the torquing is stopped. With such high nutation angles occurring
before ejection, a nutation damper is needed on the stacked configuration.

One of the simplest, lightest nutation dampers (and one that has undergone extensive
analysis and testing at Philco-Ford) is the ball-in-tube damper (Figure 5. 2-12).
This damper, consisting of a tungsten carbide ball, nitrogen gas, and an aluminum
tube weighing a total of approximately 0.2 to 0.4 pound, can provide a nutation
damping time constant on the order of a few minutes. The damping is provided by
the viscosity of the nitrogen gas at one atmosphere contained within the tube.

5-81

PHILCO (&Y Spuce & Rewentry

PHILCO FORD CORPORATION Systems Division




SRS-TR146

ON INDIVIDUAL SATELLITES

ON CARRIER

Figure 5,2-12 Nutation Damper Location and Geometry

This damper was developed for an NRL sa.t:elli’ce2 and could be used for the present
application without major redesign. Only the tube length and radius of curvature
would be varied.

The equations of motion of the stacked configuration were written for a nutation
damper on-board, and an expression for the damping time constant was derived.
Since nutation induced at ejection of individual satellites is negligible, a nutation
damper on each satellite is not necessary. The fact that the inertia ratio is so
close to unity makes it difficult to get small time constants, and the size of the

2"Nuta.tion Dampers for the NRL Solar Radiation Satellite - Final Report," by
R. R. Auelmann, Philco-Ford, Aeronutronic Division, Pub. No. U-3022,
20 February 1965.
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satellite adds to the problem. It was found during the course of a parametric
study of the problem, that by lengthening the NRL damper by 7 inches, a 2-hour
time constant could be obtained for the payload before ejection of the first pair,
and a 5. 7-minute time constant between the two ejections. A time constant of one-
half hour could be obtained by increasing the tube radius of curvature to 12 feet,
but the penalty paid is a residual nutation during the time between ejections of

0. 59 degree, which was felt to be prohibitive. Table 5. 2-6 shows the damper
parameters that give the 2-hour time constant with a 0. 2 degree residual nutation.

Radial Configuration. On the radial configuration, the initial nutation from the last
booster stage is the same as for the stacked configuration (2 degrees). This nuta-

tion should be removed before satellite separation at apogee. In addition, since
each satellite has its own control system, it is desirable to place a nutation damper
on each satellite to damp out the induced nutation angle in a reasonable time. The
nutation induced by action of the attitude control system is small, and structural

TABLE 5.2-6
DAMPER DESIGN PARAMETERS FOR STACKED CONFIGURATION

Carrier Assembly

Parameter and Four Satellites
Tube radius of curvature, p, 6.0 ft.
Distance from spin-axis,A P 1.75 ft.
Tube length, / 15.1 in.
Tube inside diameter, dt 0.694 in.
Ball diameter, db 0,687 in.
Ball weight 0.0925 Ib
Tube weight 0.158 1b
Friction coefficient, b 0.00891 1b/ft. /sec
Maximum nutation, N max 5.0 deg
Residual nutation, M es. 0.2 deg
Tube alignment error,fa ... 1.0 deg
Damping time constant, 7 2 hrs (4 satellites)

5.7 min (2 satellites)

Nitrogen gas at one atmosphere
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damping would remove it if given enough time. However, the amount of structural
damping available is rather unpredictable, so a damper has been included on each
satellite to ensure an adequate time constant.

The dampers on the individual satellites are mounted on the satellite booms to
increase their effectiveness. Prior to satellite release from the carrier, the
booms are stowed in such a way that they do not provide damping, making it neces-
sary to add a fifth nutation damper (one each for the satellites and one for the |

carrier).

The same criteria were used in the selection of nutation damper parameters as
for the stacked configuration, i.e., minimal change to the NRL camper. Table
5.2-7 shows damper parameters that meet the requirements. The damper on the
carrier assembly is the same as the NRL damper, except that it is 8.9 inches
longer. The dampers on the individual satellites are also identical to the NRL

damper, except that they are 2.25 inches longer.

5.2.3.5 Impulse Requirements

Radial Configuration. The impulse requirements are based on the sequence of

events given in Table 5.2-3. The magnitude of the maneuvers depends on the angle
between the orbit plane and the ecliptic, and also on the angle between the sun

line and the line of apsides. The first maneuver is to normalize the spin axis to
the sun line; thus, if the sun line is along the line of apsides, no maneuver is
required. The worst case occurs when the sun is at its maximum angle of +26

degrees from the line of apsides. This position requires a 26-degree maneuver.

After normalizing with respect to the sun, the satellite must be rolled about the
sun line to bring the spin axis normal to the ecliptic., If the angle between the
orbit plane and the ecliptic is 20 degrees, then it would only be necessary to roll
70 degrees about the sun line to get the spin axis normal to the ecliptic. The
worst case would occur if the orbit plane were in the ecliptic plane, which would
require a 90 degree roll about the sun line. With a subsequent roll correction of

4 degrees, the total maneuver requirement before spin up is 120 degrees maximum.

5-84

rnco]

PHILCO FOAD CORPORATION

Space & Re-entry
Svatemn Divielnn



SRS-TR146

U g0 °1
80p 01
39p 1690 °0
3ap 131

%8
B/q1 16800 ‘0

urwm g¢ °g
3ep 01
39p ¥2¢°0
3op 0°g

%98
B/4q1 16800 0

U L0 '8
39p 01
39p GLT0
3ap 0°g

%98
¥/91 16800 0

*aJaydsouwje auo j8 883 USS0IIIN
1 ‘quwisuod aury) Surdureq

JOII3 ©¢Q ‘1019 Jmowuld[e aqng,
891 |, ‘uopmnur renprsey

Xeul | ¢‘gorjenw WNUIIXE

q‘USTOYJE00 UONOLLT

qi L0T°0 qI L0T 0 qi 9L1°0 y31om aqn,
q1 S260 "0 q1 $260 "0 qr $260 °0 W3m [red
ur 189 °0 ur 1890 ur 2£89°0 Up ‘zorurep freg
I $69 °0 I $69 ‘0 ur ¥69°0 'p ‘aejourerp oprsur aqny
ol G2 °01 1 6201 uf 691 ¥ ‘qiduaf eqny,
¥o'9 ¥yo0o'9 ut L dy ‘sixe-urds woxj aoue3siq
) ¥yo0°'9 BO0'9 0 g ‘oanyeaIno J0 snypeJ aqnJ,
nbuwwﬂo.“”w< nblﬁuﬂmmmmm Alquassy Jo11Ie) I0joUreIRg

NOLLVYNDIANOD TVIAVYH HOd SHILINVHVd NDISTIAd YIJN VA

L-2°'S T19dVL

5-85

n

Space & Re-entry
Systems Divislo

PHILCO

PHILEO-FORD COMPORATION




SRS-TR146

. For a large number of pulses, the average angle precessed by the spin axis per
pulse is given by:

0 _2T

P N 2
Tsn

sin a/2 radian/pulse

where:

T = torque (ft-1b)

I, = spin moment of inertia (slug—ftz)

W spin rate (radians/second)

S

a = firing angle of control thruster (/2 radians)

The impulse per pulse is the torque times time, which, for a 90-degree pulse width,

is:

and the total angular impulse required can be expressed by:

AH = O—T-_ X (impulse/pulse) = OO ;sw 8 ft-1b-sec.
o 2x57.3" sin fp/2
where
GT = total angle precessed during maneuver (deg)
OF = 7/2 = firing angle of thruster.
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For the first part of the maneuvers, 6,, = 120 degrees and g = 2. 095 rad/sec

T
(before spin-up). The total angular impulse is then:

AH = 24 ft-1b-seconds

After spin-up, it is assumed that ~ 15 degrees of attitude maneuver is required,
glving, by the same process, v =7, 33 rad/sec

AH = 10,5 ft-lb-seconds.

Putting the thruster on a 6-foot moment arm makes the above angular impulse
requirements of 34.5 ft-lb-seconds a linear impulse requirement of 5. 75 lb-

seconds for attitude maneuvers.

The spin speed during the initial maneuvering is about 20 rpm. The spin-up
maneuver increases the speed to about 60 rpm. With the thruster on a 6-foot

moment arm, the impulse required for this is:

= 3.5 lIb-seconds

- a®
AH = 6

In addition to the above requirements, two of the satellites require a AV along
the velocity vector of about 3 ft. /second. This gives an additional linear impulse

requirement of 7 Ib-seconds, for a non-planar array.

With a 15 per cent margin, the total required impulse capability is about 18. 7 1b-

seconds.

Stacked Configuration. The impulse requirements for the stacked configuration
must be calculated separately for the self-contained and ground-commanded

systems. The impulse requirements are based on the maneuvers listed in Tables
5.2-2 and 5. 2-4, and the logic schemes chosen in Paragraph 5. 2.2. The self-
contained system will be treated first.
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The exact amount of impulse required for the initial yaw maneuver is difficult to
determine analytically for the logic used. First of all, the pulse width varies as
the angle subtended by the earth changes. The initial pulse width is ~ 30 degrees
wide; the final pulse width is ~ 55 degrees wide. The pulse efficiency is therefore
changing., Furthermore, the combined effects of the rapidly changing true anomaly
and the spin axis motion cause the spin axis precession to be in a cone rather than
in a plane. A more detailed investigation of the motion shows that the cone does
not pass through the orbit normal. Depending on the logic used, the minimum
angle between the precession cone and the orbit normal varies from 15 to 30
degrees. One case investigated used a constant impulse per pulse, which is
similar to this case, since the pulse width is increasing at the same time that the
thrust level is decreasing because of the drop in fuel tank pressure. The spin
axis came o closer than 30 degrees to the orbit normal, which occurred after
precessing the spin axis 75 degrees. The 30 degrees was then removed as a roll
error. The angular impulse required for a maneuver, 91" with a firing angle,

6 > and spin rate, wg, is given by:

_ 010759 016 F

AH = =.O4OW

2x 57.32 sin 01:/2

For this case, IS = 35.8 slug-—ftz; ws = 7.33 rad/sec, maximum. The initial
maneuver is 75 degrees at a maximum pulse width of BF = 50 degrees, giving an

angular impulse of:
AHl = 356 ft-lb-seconds

The subsequent nulling of the 30-degree roll error is done with an average pulse

width of ~ 115 degrees = 0 P giving an additional angular impulse of:

AH2 = 164 ft-lb-seconds.

It is further assumed that an additional 15 degrees of roll nulling is required at
135 degrees true anomaly, where 6 = 15 degrees, giving the third angular impulse

requirement of:
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AH3 = 69 ft-lb-seconds
Since the thruster is on 2 moment arm of ~ 2 feet, the total linear impulse require-

ment for attitude maneuvers is ~295 lb-seconds.

The AV required for the orbit adjust maneuver is given as 30 feet per second. At

the time of the maneuver, two satellites have been ejected, leaving a total mass of
around 5. 5 slugs. This gives a linear impulse requirement of 165 lb-seconds. As
a result of the satellite spin, the thruster is not always directed in the direction of
the desired AV. The geometric efficiency of the thruster follows the relationship:

~ s1n9F/2
Ne = 1t
G HF/Z

The firing angle chosen is < 90 degrees. (See Paragraph 5.2.3.6.) Therefore,

the geometric efficiency becomes:

.,7 Gz 90 percent

Thus, to obtain 165 lb-seconds of impulse along the desired direction, it is neces-
sary to use 184 lb-seconds. Allowing a 10 percent margin on total required im-
pulse gives a total for the self-contained stacked configuration of:

IT = 527 lb-seconds
For the sequence of events leading to the three dimensional array, each of the
satellites contains the equipment for the AV maneuvers. Each satellite is re-
quired to perform an in-plane maneuver of 16. 4 ft/second, which requires an im-
pulse of 39 lb-seconds on each satellite at a geometric efficiency of 90 percent.

For this case, the total impulse required on the carrier is:

ITC = 325 lb-seconds
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. and the total impulse required on the satellites for the in-plane maneuvers is

ITS = 156 lb-seconds .(all .4 satellites)
For the ground-commanded system, the use of the sun as a pulse synchronizer

fixes the pulse width at 90 degrees, making the calculation of the required impulse
easier. From Table 5. 2-4 the first maneuver is seen to be normalizing with re-
spect to the sun, which requires at a maximum a 26 degree maneuver. There is a
subsequent 90 degree maneuver to arrive at approximately normal to the orbit plane.

If the sun is above or below the orbit plane by 24 degrees, this angle must also be
maneuvered through. The total maneuver with a 90 degree width is a maximum of

140 degrees. The angular impulse required is then:

AHl = 713 ft-lb-seconds

Further allowance must be made for subsequent roll nulling at + 135 degrees true
anomaly. Allowing for a 15-degree maneuver at a pulse width of @ F= 15 degrees

gives an additional impulse requirement of:

AH2 = 69 ft-lb-seconds

With the thruster on a 2-foot moment arm, the linear impulse required is:
I1 = 391 lb-seconds

The AV impulse requirements are identical to the self-contained case. Again
allowing a 10 percent margin, the total impulse requirement for the ground-

commanded system is:

IL; = 632 lb-seconds (for planar array)

I’I‘C = 430 Ib-seconds (carrier) for non-planar array

ITS = 156 lb-seconds (four satellites)
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i

5.2.3.6 Separation Requirements and Analysis. The difference in the separation
sequences for the radial and stacked configurations leads to different logic re-
quirements. In the radial configuration, satellite release is planned as a single

event, performed at apogee. The spin is used to provide each satellite with a AV
that is perpendicular to the orbit velocity vector. To avoid imparting velocity
along the flight path direction, the spin axis should be as close as possible to the
flight path., The flight path angle dispersion at injection is 1. 08 degrees (30) in
pitch and yaw, so that the total angle between the spin axis and velocity vector has
a dispersion of 1. 52 degrees.

For the stacked configuration, the first pair of satellites should be ejected normal
to the orbit plane at a true anomaly of ~ 176 degrees + 2 degrees. After the first
pair of satellites are ejected, a AV must be applied to the remaining pair in the
plane of the orbit and orthogonal to the orbital velocity vector. Finally, the re-
maining two satellites are ejected normal to the orbit plane at 178 degrees + 2 de-
grees true anomaly. For the non-planar array, the first pair is ejected out-of-
plane at 170 degrees true anomaly and then given a relative velocity in-plane, but
normal to the flight path. The second pair is ejected out-of-plane at 190 degrees
true anomaly and also given a relative velocity in-plane. The two ejections are

ground-commanded to obtain the desired accuracy on the true anomaly.

To avoid reorienting the two satellites plus carrier for the AV between ejections,
a radial thruster is operated in a pulsed mode. The pulses must be synchronized
with the spin rate to ensure orthogonality between the imparted AV and the orbital
velocity vector. Either the earth or the sun may be used as a pulse synchronizer.
Use of the sun adds a slight amount of complexity to the system as a result of the
changing earth-sun geometry. As the launch time varies, the angle between the sun
line and the line of apsides varies. Thus, at 176 degrees true anomaly, a line
perpendicular to the orbital velocity vector makes a varying angle with respect to
the sun line, depending upon the time of day of launch. If the sun is used for syn-
chronization, this changing angle represents a changing phase between a sun pulse
and the desired position of the AV thrust pulse. To be able to change the phase
between a sun pulse and a torque pulse requires a quantitative command format to

read-in a delay in milliseconds, a register to store the delay, and another register
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that is counted down by a clock and reloade:l every spin cycle from the first
register. If the true anomaly of the AV is vnimportant, or if the position of the
sun with respect to the line of apsides varies less than + 26 degrees, then it is

possible to use the sun as synchronizer without this added complexity.

Using the earth as a pulse synchronizer makes the geometry independent of
launch time. For any launch time, the flight path angle at 176 degrees true
anomaly does not vary; hence, the orientation of the required AV vector with
respect to the earth is also constant. The injection parameters have a dispers-

ion that has some effect on the geometry at 176 degrees true anomaly. These

effects can be compensated by performing the AV maneuver at a true anomaly
slightly different than 176 degrees. For the expected injection dispersions, the
variations in true anomaly at a given flight path angle are typically 2/3 degrees.
For a typical trajectory, the flight path angle is ~ 34 degrees at 176 degrees true
anomaly, and the angle changes at roughly 8 degrees per hour. To keep the AV
within 2 degrees of the normal to the velocity vector, the maneuver must be ac-
complished within a relatively short time. A maneuver completion time of 15
minutes assures orthogonality to within 2 degrees; however, if thrust level and duty
cycle cannot be arranged to give this short a time for completion, then the maneu-
ver may be started prior to the ideal time and completed after the ideal time. In
this way, the in-track AV tends to partially cancel, giving a net AV that is within

2 degrees of being orthogonal to the orbital velocity vector.

Looking down at the orbit plane at 176 degrees true anomaly, we can see the geo-
metric relationsihp between the earth center and the required AV orientation.
Figure 5.2-13 shows the essential geometric relations. At 176 degrees true
anomaly, the earth nominally subtends an angle of ~ 5. 8 degrees. Utilizing a
horizon scanner with a 1 degree x 1 degree field of view gives only a pulse width
of ~ 6.8 degrees, which is too short to accomplish the AV maneuver in the time
desired. Therefore, a horizon sensor with a fan-shaped field of view could be
used. The large dimension is chosen to provide a wide enough pulse to accomplish
the required AV at the expected thrust levels in the small time allotted. From the
propulsion system section, the thrust at this time is such as to require a pulse
width of ~ 36 degrees to complete the maneuver in 15 minutes. This corresponds
to a sensor field-of-view of 1.0 degrees x 30 degrees.
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Y = FLIGHT PATH ANGLE

= 34°
ORBITAL
VELOCITY
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AV - e o S —g» THRUST
146°
EARTH
CENTER

Figure 5,2-13 Geometric Relations

For the three-dimensional array, the angles in Figure 5. 2-13 must be changed to
correspond to those existing at 170 degrees for the first pair, and those existing
at 190 degrees for the second pair. A sun sensor gives suitable sync pulses for

this case.

5.2.3.7 Power and Weight Summaries. Tables 5.2-8 through 5.2-10 contain the

power and weight summaries for the three control system options.
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TABLE 5.2-8
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POWER AND WEIGHT SUMMARY FOR RADIAL CONFIGURATION

Weight Power
Component Qty. (b.) (Watts) Remarks
Nutation Damper 4 1.2 _—
Torquer System 4 5.32 2 Solenoid power,
(with fuel)* 15 25% duty cycle dur-
ing maneuvers.
Heater power, 26
VDC during man-
euvers.
Electronics 4 1.0 0. 30
Albedo Sensors 0.161 ——=
Sun Angle Sensor 4 3.60 0.25 | 26 vde
(+ electronics)
Timing Sun Sensorg 12 0.241 ———
Total 11, 522
Per Satellite 2.88 17.55 | Max
16 Average during

maneuvers

*To obtain a non-planar array,

of fuel

two of the satellites require an additional 0. 1 Ib

FriLCo

PHILCO FORD CORPORATION
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TABLE 5. 2-9

POWER AND WEIGHT SUMMARY FOR STACKED CONFIGURATION
SELF-CONTAINED

Weight Power
Component Qty. (Ibs. ) (watts) Remarks
Nutation Damper 1 0.30 —
Torquer System 1 7.93 2.0 26 vdc required only
(with fuel) during maneuvers at
< 25% duty cycle.

IR Horizon Sensors 3 . 2,25 .78 |1 head may be turned
off until start of
ejection sequence

Timer 1 1.00 1.5

Electronics 1 0.35 .6 4 vdc

Totals 11. 83* 4,88 | Peak
3.38 | Average during
maneuvers

*Two pounds must be added to each satellite to obtain a non-planar array. Torquer

system weight would then be 1 pound less than shown.
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TABLE 5.2-10

POWER AND WEIGHT SUMMARY FOR STACKED CONFIGURATION
GROUND COMMANDED

Weight Power
Component Qty. (Ibs. ) (Watts) Remarks

Nutation Damper 1 0.3 ——

Torquer & AV 1 7.93 2,0 26 vdc 25% duty cycle

System during maneuvers

(with fuel)

IR Horizon Sensors 3 2.25 0.5 1 head may be turned
off until ejection
sequence

Electronics 1 0.25 0.3 4 vdc

Timing Sun Sensor 3 0. 0603 ——

Digital Sun Angle 1 0.90 0.25 | 26 vde

Sensor

Totals 11.69%* 3.05 | Peak
1.55 | Average during
maneuvers

*Two pounds must be added to each satellite to obtain a non-planar array. Torquer

system weight would then be 1 pound less than shown.
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5.2.4 Error Bu(_i_gets

5.2.4.1 Radial Configuration. The sources of error in the radial configuration

are sensor errors, control system resolution, thruster misalignment, principal axis
shift, and long term drift. Only the accuracy of the initial orientation is con-
sidered here, the long term drifts having been treated in Paragraph 5.2.1,

Sensor errors can be broken down into two components: the error about the sun
line, and the error towards the sun line. The angle towards or away from the sun
line is measured by a sun angle sensor. The angle about the sun line is measured
with the albedo sensors. The digital sun angle sensor has an accuracy of

+0. 575 degree. The albedo sensor has an accuracy of better than 2 degrees,
including noise, albedo variation, and cloud effects. The rss sensor uncertainty

is then 2, 06 degrees.

1,0
1, 4.9 SLUG-FT?

a = 9o°

L

s /
s
0. 0010 ! VAN L Ll i1 [ G N

ool ., 0l o 1.0
TORQUE ((FT-LB)

T T7mmrrrr

T

T rrrry

8¢ PER PULSE (DEG. )

Figure 5,2-14 Control System Resolution for Radial Configuration
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Control system resolution is another potential source of error. Figure 5. 2-14
shows the average angle precessed per torque pulse as a function of torque
magnitude. In Paragraph 5.2.5, atorque level of 0. 06 ft~1b is chosen, giving a
resolution of 0. 04 degree per pulse (at 50 rpm). This represents an error

similar to a digital encoding error, and half of it should be added vectorially

with the other errors.

Thruster misalignment also contributes an error by applying part of the desired
inpulse about the wrong axis. For misalignments of 1 to 2 degrees, the

impulse applied about the wrong axis is from two to four per cent of the total
impulse expended. For small maneuvers of 1 or 2 pulses, the effects are
negligible, but for the longer maneuvers during initial erection of 20 to 30 degrees,
the effect is enough to require correction about the other axis. Therefore, with
subsequent corrections possible (as is the case with the radial configuration), this

effect can be regarded as an inefficiency in fuel usage.

The placing of the control system fuel on the boom and subsequent depletion of
that fuel causes the principal axes of the satellite to shift. The shift is on the
order of 1to 1.5 degrees. Since most of the fuel is used in the first two or three
orbits, the sensors may be aligned to the principal axes after fuel depletion.

The flat cone scanned by the sensors before fuel depletion has a negligible effect

on system operation.

To summarize, the major error source is sensor inaccuracy. The total rss

error from this source is expected to be ~ 2, 1 degrees.

5.2.4.2 Stacked Configuration, Ground-Commanded. For the stacked con-

figuration, each of the two pairs of satellites has slightly different errors induced

by the various ejection events.

The initial spin axis alignment is accomplished by use of a horizon sensing system
that nulls the roll error at +135 degrees true anomaly. If an IR earth sensor is

used, the expected error due to sensor inaccuracy is ~ 0.5 degree, including
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sensor misalignment and detector noise, To the sensor inaccuracy must be
added half of the torque pulse resolution. The torque level at this time is about
6.4 ft-1bs, and the duty cycle about 4 per cent, giving a resolution of 0.1 degree.
Taking the rrs total of the errors in both of the two orthogonal axes gives a

total initial misalignment error of 0.71 degree.

The ejection sequence consists of a spring ejection of the first pair, with a
solid rocket motor ignited in each satellite after ejection to provide each with a
15 ft/sec velocity with respect to the carrier and remaining pair. The carrier
and remaining pair are then given a velocity of 30 ft/sec in the orbit plane,

but normal to the orbital velocity vector. The second pair is then ejected with
springs, and a solid rocket motor gives each an additional 15 ft/sec normal to

the reference orbit.

The following assumptions are made in computing the disturbance to attitude

caused by the spring ejection and solid motor burn:

a. The direction of thrust of the spring is known to one-half degree.

i

The spring force is applied 3 inches from the satellite center-of-
gravity.

The satellite c. g. location has a & dispersion of 0. 01 inch.

The satellite is spinning at 60 rpm at kick-off.

The solid motor provides 14 ft/sec and the spring, 1 ft-second.

The motor thrust can be aligned to within one-half degree.

™ oo a0

The motor thrust is applied at 3 inches from the satellite c. g.

Based on the above assumptions, the rss error of the first pair of satellites
due to ejection is only 0.1 degree. The error reflected back to the carrier with
the two remaining satellites is ~0. 04 degree.

The AV burn between ejections causes an attitude offset to the last pair only.

It was assumed that the thruster was located 2 feet from the c.g. and aligned to
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one-half degree, as before. The c.g. was assumed to be known to within 0. 01
inch and the valve was assumed positioned to within 0. 05 inch. These assump-
tions, coupled with the precession angle formulas given in Paragraph 5. 2. 3, give
the total angular offset (rss) of ~ 2. 9 degrees induced by the AV maneuver on

the last two satellites.

If a three dimensional array is required, then the preceding numbers must be
modified. Each satellite would have a AV maneuver half that performed for

the other case. However, since the moments of inertia are also half of those
before, the effect on the attitude of each satellite is the same as it was on the

combination.

5.2.4.3 Stacked Configuration, Automatic. The error analysis for the ejection
sequence is identical with the previous case. The different logic used during

the initial erection sequence causes a slight change in that part of the error
budget because of the presence of the deadband, counter, etc. Since the horizon
sensor system must be used over a wide range of altitudes, the geometric gain
varies significantly. To keep the system reasonably accurate, the system gain
must be switched by a timer function so that the correct gain is being used at
each roll nulling altitude. By changing the gain between the roll nulling
maneuvers, the indicated roll angle available to the roll logic is accurate to

~ 0.5 degree, as before (including sensor noise and alignment errors).

The presence of the ripple remaining on the imperfectly filtered sensor signals
can probably be made less than 0.2 degree. To this number must be added the
torque pulse resolut'ion, which is different for the two roll nulling maneuvers
because of the different pulse widths and thrust levels. At the low altitude roll
nulling, where the pulse is wide ( ~ 110 degrees) and thrust level high, the re-
solution is 0.76 degree per pulse. At the higher altitude, where the pulse width
is about 15 degrees, the resolution drops to 0.12 degree per pulse. The initial
orientation error is made up of two parts, with a 1-degree error for the
orientation about the first akis and a 0. 3-degree error for the second axis. The
vectorial sum of these gives a total initial orientation error of 1. 05 degrees.

Table 5. 2-11 summarizes the error budgets for the two stacked configurations.
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ERROR BUDGETS (DEG) FOR STACKED CONFIGURATIONS

TABLE 5. 2-11

SRS-TR146

PHILCO I oD

SHILCO. FORD CORPORATION

Self-Contained Ground-Command
1st 2nd 1st 2nd
Error Source Pair Pair Pair Pair
Initial Orientation 1.05 1.05 0.71 0.71
Ejection of 15! Pair 0.1 0.04 0.10 0.04
Burn AV - 2.9 - 2.9
Ejection of 2" Pair -- 0.1 - 0.1
rss Totals 1.05 3.08 0.716 3.0
Worst Case Totals 1.15 4.09 0.81 3.75
5-101
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5.2.5 Reaction Control System Selection

5.2.5.1 Radial Configuration. The impulse requirement of the radial configura-

tion is 10. 6 Ib-seconds (20 lb-seconds for the three-dimensional array). Since
there is no need to execute the required maneuvers rapidly, a low thrust system

is acceptable, The low impulse requirement means that fuel weight will be small
regardless of the propellant used. Since thrust level is not critical, the use of an
ammonia vapor system becomes practical. The weights of an ammonia vapor
system and a nitrogen system are compared in Table 5.2-12. Because of its
reduced tankage weight, the ammonia vapor system has a distinct weight advantage
over either of the nitrogen systems. For this reason, an ammonia vapor system

has been chosen for the radial configuration,

One of the disadvantages of an ammonia vapor reaction control system is that, to
maintain a steady thrust, a heater must be provided to vaporize additional liquid
ammonia as the vapor is drawn off for maneuvers. The power required by the
heater depends on the fuel flow rate and the latent heat of vaporization of the fuel.

The fuel flow rate is a function of the thrust level and the specific impulse:

_ Thrust
Specific Impulse

The specific impulse (Isp) is assumed to be 90 lb-sec/lb. The thrust is not
specified, but would depend on the desired resolution of the control system.
Figure 5. 2-13 shows the control system resolution as a function of torque level
for the spin rates expected. For a resolution of 0.2 degree per pulse at a spin
rate of 20 rpm, the required torque is 0. 06 ft-1b., which, on a 6-foot moment
arm, gives a thrust level of 0.01 pound. The flow rate would be 0. 00011 Ib/sec.
for a continuous thrust of 0. 01 1b and 0, 00003 1b/second average at a 25 percent
duty cycle. At a latent heat of vaporization of 508 BTU/1b., the thermal power
input requirement is:

: 2

P-W-. 508 =1.5X% 10" ° BTU/sec

P = 16 watts
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TABLE 5.2-12

REACTION CONTROL SYSTEM WEIGHT COMPARISON (LBS)

Component NH3 N2 N2 (Capillary)

Fuel 0.12 0, 24 0. 24

Fuel Tank 0.10 0. 50 0,50

Regulator - 0.80 -

Valve & Nozzle 0.36 0. 40 0. 40

Fill Fitting 0.20 0.20 0.20

Lines & Fittings 0.20 0.30 0.30

Pressure Transducer 0.16 0.16 0.16

Heater 0.20 - -
Totals 1.33 2.60 1.80

This thermal power is required for constant thrust operation and is composed of

thermal energy from the sun and the thermal energy from the heater.

5. 2. 5.2 Stacked Configuration, The impulse requirements for the automatic and
ground-commanded systems are nearly the same, Therefore, only one system
selection and design is necessary for tank size, fittings, etc. A smaller axial
thruster could be utilized for attitude control on the ground-commanded scheme,
since time constraints on the initial erection are not as severe as in the automatic
case. For sizing the tanks and selecting the fuel, the impulse requirement is taken
as 630 lb-seconds. For an impulse requirement of this magnitude, the weight of
fuel and tankage for a nitrogen system is prohibitive. A mono-propellant, such as
hydrogen peroxide or hydrazine, is more suitable because of its higher specific im -

pulse and lower storage pressure, making the tanks lighter.,

For hydrogen peroxide, the Isp is 110 to 120 seconds, and for hydrazine the Ispis
190 to 210 seconds. Thus, a significant savings in fuel weight can be achieved with
hydrazine. Since the systems are essentially identical in other respects, the
hydrazine system has been chosen for further definition.
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The thrust of a hydrazine system is a function of the pressure in the supply tank.
As the fuel is consumed, the volume occupied by the pressurizing gas increases.
Without a separate gas supply and pressure regulator for the pressurizing gas, the
tank pressure decreases as the volume increases, allowing the fuel flow rate to
decrease. This causes the thrust level to decrease as the fuel is used up. In sizing
the fuel tanks, it is necessary to take this into account so that the required impulse
can be delivered in the required time. The most critical maneuvers are the initial
yaw maneuver for the automatic scheme, and the AV burn.

The initial yaw maneuver requires an impulse of 178 1b-seconds to be delivered in
~44 seconds of firing time. The impulse is:
65

I Ftdt lb-seconds
o)

et
1l

I = delivered impulse
F = thrust of valve (lb)

or alternatively:

t
I = Isp g Mth

where:
ISp = specific impulse
My = fuel flow rate (1b/second)

For a hydrazine system that has been built and tested, the relationship between
fuel flow rate and tank and combustion chamber pressure was shown to be:
1

- 1.8
M = k(P - P)
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‘ where:

constant of proportionality
fuel tank pressure

]

k
Pr
P

C combustion chamber pressure

Assuming that the pressurizing gas obeys the ideal gas law, that the combustion

chamber pressure is a constant percentage of the tank pressure, and that the
thrust is proportional to the fuel flow rate, it can be shown that.

7.25[(Vi+ .138 1)

1.555 _ Vil. 555]
tF =
. 555 . 555
ISp k(1-K) (PTiVi)
where:

Vi = initial volume of pressurizing gas
PTi = initial pressure of pressurizing gas

tF = total firing time to expend impulse I

k(1-K)* 555 _

constants of proportionality

The constant of proportionality is evaluated by letting the thrust be 2. 5 pounds at
a tank pressure of 200 'Ibs/inz, giving:

k(1-K) 555 - M

-3
' = 0.66 x 10
T 555

If the initial volume of pressurizing gas is 100 in3 and an impulse of 260 lb-seconds
must be delivered in t;F =

104 seconds, then the initial tank pressure is:

_ . 2
pTi = 500 lbs/in
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If the nominal thrust at 200 psi is increased to 5. 0 1bs, the initial pressure can be

reduced to ~150 psi.

The other critical maneuver is the AV of 30 ft/second at 176 degrees true anomaly.
The impulse required is 184 lb- seconds. For the ground-commanded system, the
impulse used in maneuvers up to the AV maneuver is ~.390 Ib-seconds, or about
2 1b of fuel (~58 ina). The initial pressure for the maneuver is 316 psi, and the
volume of pressurizing gas is 158 in3. Using the previously developed formula,

the total firing time, tF’ required to deliver this impulse is:

tF = 95 seconds

The firing time for the automatic system is slightly less since less impulse is used
prior to the maneuver. This gives a higher fuel pressure and thrust. A firing

time of 95 seconds over a 15-minute period represents about a 10 percent duty cycle.

To fire the thruster in the correct direction at a 10 percent duty cycle requires a
horizon sensor with a 1 degree X 30 degree field of view. The center of the field

of view would be about 146 degrees from the thrust axis, as shown in Figure 5. 2-12.

To summarize, hydrazine appears the most feasible fuel for the stacked configura-
tion. A blowdown pressurizing system can be used if the volume of pressurizing
gas is initially 100 in3, pressurized at 500 psi. Table 5. 2-13 gives a weight break-

down of the hydrazine reaction control system.
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TABLE 5, 2-13

HYDRAZINE REACTION CONTROL SYSTEM
WEIGHT BUDGET

Item Weight (1bs)

Tankage 1. 200
Relief Valve 0.194
Relief Valve Vent Tube 0.010
Pressure Transducer 0. 229
N2H4 Fill and Drain 0. 097
N2 Fill and Vent 0. 100
Radial and Axial Motor 1. 300
Manifolding and Tees and Lines 0. 900
Bracketry 0. 250
System Pressurant Weight 0.150
Propellant Charge Weight 3. 500

TOTAL 7.930
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5.3 ELECTRIC POWER CONCEPTS

This discussion considers the electric power requirements and associated design
concepts for the two basic payload arrangements: the radial and stacked con=
figurations. The carrier modules and the satellite power subsystem are covered
for each configuration. The magnetic fields due to paddle wheel and cylindrical

solar arrays are also discussed.

5.3.1 Configurations and Sequences

Figures 5.3-1 and 5. 3- 2 give the significant details of the electrical system for
each configuration. Figure 5.3-1 shows the electrical system for the stacked
configuration. The carrier module contains a command receiver, telemetry
transmitter, command processor, attitude control electronics, attitude sensors,
and reaction control equipment. Squibs are provided for boom deployment (all
booms are restrained at the carrier module) and satellite separation. Power for
the carrier module is obtained from the satellite adjacent to the carrier and
nearest the booster. The entire payload is spun-up by the third stage and re-
mains electrically inert until separation from the third stage interface activates
the carrier equipment. The sequence of operation from this point on is illustraed
by the power profile given in Figure 5. 3-3. Detailed power requirements for the

carrier are summarized in Table 5. 3-1.

After separation from the third stage, the carrier initiates boom deployment

as soon as possible by timer operation so as to obtain a stable configuration.

The payload begins to orient the spin axis approximately normal to the orbit
plane. Orientation is accomplished by the carrier module equipment with control
by ground command. Since the orientation cannot be accomplished within 24 hours
or by the first apogee, this mode continues until the second apogee, 72 hours

from launch.

At the second apogee, the carrier module is commanded to ignite the appropriate
pyrotechnics, separating the two outboard satellites. After separation, a separ-
ation switch in each satellite activates the satellite equipment and a timer ignites
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TABLE 5.3-1

CARRIER POWER REQUIREMENTS SUMMARY

Radial Configuration

Equipment Watts
Release Module
Command Receiver 1.0
Beacon Transmitter 0.5
Timer 0.5
Total Average Load 2.0
Regulation & Dist. Losses 1.0

Total Battery Power Rqmts. [ 3.0 (avg. - 24 hours)

Pyrotechnics 5 amps for < 1 sec.

Stacked Configuration

Carrier
VHF Command Receiver
TLM Transmitter
TLM (Digital)
Timer
ACS Electronics

Total average power
supplied by an inboard
satellite

o O O

.0/9.0 (avg. /peak)
5 (for 72 hours)

DWW O O =

Pyrotechnics 2 - 1 for each outboard sat.
1 for both inboard sat.
1 boom deployment
Each pyrotechnic to require 5 amps for < 1 sec.

Power values are assumed to be at 28 volts dc.
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the small solid motor, which gives each satellite the necessary velocity increment
normal to the orbit plane. In the inboard satellite supplying power to the carrier,
a second separation switch operates to continue power availability to the carrier.
The reaction control equipment on the carrier is then commanded to provide a

velocity increment to position the inboard pair of satellites.

Each satellite in turn is activated at separation and initiates the operation of the
solid rocket thruster to provide the necessary velocity increment for final

satellite deployment.

A satellite power subsystem provides power to the carrier, rather than a separate
primary battery on the carrier or a separate solar cell battery power supply on
the carrier. This reduces t‘.he‘ weight of the carrier. Only one satellite is used
since the solar array - battery capacity is adequate if suitable sun angle is main-

tained. Such an arrangement also simplifies the interface.

Figure 5.3-2 illustrates the electrical system for the radial configuration. The
power profile for both the carrier/release module and the satellites is illustrated
in Figure 5.3-3; Table 5.3-1 summarizes the release module power requirements.
Power for the release module is supplied by a silver-zinc primary battery. There

is no electrical interface between the carrier and the individual satellites.

The release module equipment is activated by separation from the booster third
stage. Separation from the third stage is timer activated. The equipment on the
carrier includes a command receiver and processor, a beacon transmitter, and

a satellite separation or deployment mechanism. The payload separation mechan-
ism separates the truss and structure that mates the release module and satellites

to the third stage adapter.

The satellites remain electrically inert until released by the release module or
ground command. Separation of the satellites from the carrier at the first apogee
activates the satellites. A timer in each satellite operates pyrotechnics, which
deploy the booms for stahility. Each satellite is then oriented normal to the
ecliptic and spun-up to the desired orbital rate by command controlled operation

of the on-board reaction control equipment.
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The primary battery and related voltage regulator used in the release module

must provide an average load power of 2 watts and peak currents of up to 5 amperes
for one second to a 1-ohm load for squib operation. Using a basic energy density
of 60 watt hours per pound for manually activated silver-zinc primary batteries

and a maximum depth of discharge of 50 percent in 24 hours requires a battery
weight of approximately 2.4 lbs. The voltage regulator would weigh approximately
0.5 1b.

5.3.2 Satellite Power Subsystem Details

5.3.2.1 Requirements. The satellite power subsystem must provide electric

power in adequate quantity and quality for all operating modes of the vehicle.
The present satellite load and system power requirements are summarized in
Table 5.3-2 and illustrated in Figure 5.3-3. The critical mode in the power
subsystem design is the real-time data transmission mode, which may be used
for an extended period with a net load power requirement of 17.2 watts average
at 28 volts dc and a primary power source requirement (solar array) of 21.5
watts. The radial payload configuration satellites have an on-board attitude
control subsystem, which requires power during initial on-orbit operations; the
stacked configuration satellites do not. Either configuration may be required

to support a high rate playback mode at increased transmitter power as an option.
This would be required for a maximum of 30 minutes per orbit. During eclipse
operation (assumed a maxium of 1 hour), the loads are maintained in the standby
mode.

5.3.2.2 Subsystem Functions and Elements. To provide the required power, the

power subsystem utilizes the following functional elements as indicated in the

block diagram of Figure 5. 3-4.

a. The priméry energy source is an array of silicon solar cells mounted
on the surface of the spacecraft and suitably connected and covered.

b. The secondary energy source, is a rechargeable, sealed silver-cadmium

or silver-zinc battery, which supplies peak and eclipse loads.
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TABLE 5. 3-2

SATELLITE POWER REQUIREMENTS SUMMARY *

SRS-TR146

Mode
Equipment Initial ** Playback
Item On-Orbit Standby | Record Playback |Real-Time|High Bit Rate
Operation (30 min/or bit)

| (30 min)
“Attitude and

Orbit Control | 15.75/21.75 - - - -
Telemetry 1.0/1.0 1.0/1.0 | 2.0/2.0 1.0/1.0 2.0/2.0 1.0/1.0
Receiver 1.0/1.0 1,0/1.0 {1.0/1.0 1.0/1,0" {1.,0/1.0 1.0/1.0
Programmer 0.5/0.5 0.5/0.5 | 0.5/0.5 [ 0.5/0.5 0.5/0.5 0.5/0.5
Power Control |1.2/1.2 1.2/1.2 {1.2/1.,2 | 1.2/1.2 |1.2/1.2 1.2/1.2
RTU 0.5/0.5 ¢.5/0.5 | 0.5/0.5 0.5/0.5 0.5/0.5 0.5/0.5
Recorder - - 1.0/6.0 2.0/6.0 - 2.0/6.0
Transmitter - - - 10.0/10.0 {5.0/5.0 30.0/30.0
Experiments - - 7.0/7.0 - 7.0/7.0 -
Pyrotechnics 0/100 - - - - _
Total Load

Power 20/126 4.2/4.2 113.2/18.94 16.2/20/2]17.2/17.2 | 36.2/40.2
Battery Charging| ~ 3.6 3.6 3.6 3.6 -
System Losses {1.0 0.2 0.6 0.7 0.7 2.0
(Diodes, 12 R
etc.
Total Satellite

Average

Power

Requirement [21.0 8.0 17.4 20.5 21.5 38.2

*All power values assumed to be

**Applies to radial configuration

at 28 volts dc.
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c. The output of the solar array and battery is regulated at a common

point to provide conditioned power to spacecraft loads.

d. A battery charger and necessary sensing and logic circuitry provide

for control of the elements of the power subsystem.

5.3.2.3 Subsystem Description. Both payload satellite configurations utilize an

identical power subsystem as illustrated in Figure 5.3-4. The only difference

is in the solar array. The stacked configuration has a solar array consisting of
one cylinder, 45.5 inches in diameter and 11 inches in height. The solar array
for the radial configuration is made up in two cylinders, each 22.5 inches in
diameter and 11 inches in height. In each case, a main solar array provides the
energy requirements of the spacecraft during sunlight operation. A secondary
solar array is connected to the main array and is used to provide the increment
of power required for controlling recharge of the battery. The output of the main
solar array is regulated by a shunt regulator, which shunts a portion of the solar
array output. A boost regulator comnects the battery to a common load bus, which
is regulated to 28 + 0.6 volts dc by the combined operation of the solar array
regulator and boost regulator. The subsystem elements are described in greatee

detail in the following paragraphs.

Solar Array. The solar array utilizes the surface of the cylindrical spacecraft
body to mount 2,158, 2 x 1 em, 7-14 ohm-cm, N-on-P silicon solar cells.
Characteristics of the cells are indicated in Figure 5.3-5. Each cell is provided
with a 0.006-inch quartz cover slide utilizing an anti-reflection coating and a blue
filter. The solar cell panels are wired as indicated in Figure 5.3-6, with the
2-cm dimension of the cell located vertically. The main solar array is made up
of 32 strings of solar cells, each string consisting of 65 cells in series and 2
cells in parallel at the cell level. The battery charging portion of the solar array
consists of 6 strings of cells, 13 connected in series, one in parallel. This
portion of the solar array limits the maximum current to the battery to 0.1 ampere
and provides up to 6 volts for the voltage drop across the proportional series
regulator, which serves as the charge regulator. Figure 5.3-7 gives the degraded

solar array I-V curves.
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OPERATING POINT
(26.1 WATTS)

’/ BATTERY CHARGING ARRAY

A

Figure 5.3-7 Solar Array |-V Curves, Degraded Condition
(750 F, 15 degrees off normal incidence)
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‘ The following calculations are used to evaluate the load power available from the

degraded solar array.
a. Main Solar Array - 26.1 watts at 28.6 volts or 0.914 amperes

b. Allow 0.6 volt drop for diodes, resulting in 0.914 x 28 = 25.6 watts at

bus voltage.

c. Subtract 0.1 ampere for battery charging, resulting in 0.814 x 28 = 22.8

watts available for load power requirements at 28 volts.

Since the system power requirement for the real-time data transmission mode is
17.9 watts (which does not include battery charging), there is a resulting power
margin of 5.1 watts, which allows for the normal growth in power requirements

as well as a margin.

The arbitrarily assumed solar cell degradation is a conservative value for one
year on orbit; the solar array Cesign described is well within reasonable limits
and design practices. The primary solar array characteristics are summarized

in Table 5. 3-3.

Battery. Only silver-cadmium or silver-zinc secondary batteries meet both the
life cycle and low residual magnetic field requirements associated with this
application. In six months, approximately 90 eclipses (maximum) could be
experienced. While the silver-cadmium cells exhibit greater cycle life capa-~
bilities, the silver-zinc cell can withstand several hundred cycles of operation
and exhibits better voltage regulation characteristics, as well as a lower weight.
Nickel-cadmium batteries can not be considered because of their highly magnetic
characteristics. Both silver-zinc and silver-cadmium cells must be used in low
rate of charge applications, since charge control is difficult at high rates. This
application, with a 48-hour orbit and minimal eclipse power requirement, lends
itself to the use of these batteries.
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TABLE 5.3-3

POWER SUBSYSTEM WEIGHT AND PERFORMANCE SUMMARY
(RADIAL AND STACKED SATELLITE CONFIGURATIONS)

Solar Array

e 2,158 Silicon solar cells - 2 x 1 cm, N/P, 7-14 ohm cm

e 2,080 Main solar array cells (65 in series 32 in parallel)

e Battery charging additions 78 cells (13 in series, 6 in parallel)

e Weight (including substrate) 7.23 lbs (0. 67 lbs/ “2)

e Load Power Available (x 1 year) 28. 8 watts at 28 volts and 75°F and 15° off normal orientation.
Battery

e Silver Cadmium Option
16 cell - 1 ampere-~hour battery
Charge voltage (max) - 25.6V
Discharge voltage (min) - 16. 0V
Maximum charge current - 0.1 amp
Depth of Discharge (max on-orbit) - 25 percent (eclipse)
Weight - 1.2 lbs
Dimensions - 4 x 3 x 2.5 inches
Allowable temperature range - 40 to 100°F
o Silver Zinc Option
14 cell - 1 ampere-hour battery
Charge Voltage (max) - 27.3V
Discharge Voltage (min) - 18.2V
Maximum Charge current - 0.1 amp
Depth of Discharge (max on-orbit) - 25 percent (eclipse)
Weight ~ 1.2 lbs
Dimensions - 4 x 3 x 2.5 inches

AHowable temperature range - 40 to 100°F

Roost Regulator/ Battery Charger (same for both configurations)

Type - Series regulator for battery charging, boost DC/DC converter for output voltage regulation
Boost regulator efficiency - 85 percent full load

Output Regulation - 27.7 £ 0.3 vdc

Weight - 2 lbs

Dimensions - 2.5 x 3 x 4 inches

Solar Array voltage regulator and load controls

Type - Proportional - partial shunt
Efficiency - 98 percent full load
Output Regulation 28.4 2 0.2 vde
Dimensions - 2.5 x 5.5 x 6.0 inches

RTU (Radiation Termination Unit)

e  Weight - 0.5 lbs.

® Dimensions - 2 x 2 x 2.5 inches
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‘ The battery depth of discharge during a one-hour eclipse is approximately 25
percent maximum for either type of battery with the sizing used. For the

optional mode of operation at high rate transmission and playback, the maximum
depth of discharge is approximately 38 percent. Since recharge can take place
over a minimum period of 46.5 hours, a very low rate can be used. The charge
control technique limits battery voltage as a function of battery temperature. The
battery charging section of the solar array limits maximum battery charge current
to 0.1 ampere or a rate of C/10. This available current can be further limited by

the charge regulating circuit.

The weight, volume, and other major characteristics of the battery options are

summarized in Table 5.3-~3.

Electronic Equipment. The electronic equipment associated with the power sub-

system consists mainly of the solar array voltage regulator, battery charger,
radiation termination unit, and boost regulator as indicated in Figure 5.3-4. Load
sharing and control logic are required, as well as telemetry and control sensors.
All the electronic equipment except the radiation termination unit would be pack-

aged in two units, whose characteristics are summarized in Table 5. 3-3.

The solar array voltage regulator would be almost identical to one developed and
flown successfully on Philco-Ford Initial Defense Communication System Program.
Since the regulator is a shunt type, it exhibits a full load efficiency approaching

100 percent. The regulator does dissipate relatively large amounts of power during
periods of light load. This light load dissipation is the primary reason for operating
the regulator from the tap point of the solar array, since the light load dissipation

is reduced. The maximum regulator dissipation at light load would be approxi-

mately 10 watts.

The battery charger would be a simple transistor regulator, which would operate
with inputs of sensed values of battery current, voltage, and temperature to limit
battery charge current and voltage as a function of temperature. While the regulator
itself is simple, the control level circuitry is sophisticated. Provisions would be
made to control the operation of the battery charger from the ground.
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. The boost regulator would be a high efficienty (85 percent) regulator typical of those
developed on similar programs. It consists basically of a dc/dc converter circuit
connected as a boost type auto transformer. The regulator would include a linear,
non-saturhting power amplifier, a saturating drive oscillator, a voltage reference
circuit, and an output rectifier and filter. On-off control, such as interlock with
the solar array regulator, can be accomplished at the drive oscillator level with

little power required.

The radiation termination unit is a timer and switch that disables the power sub-
system at the end of a pre-selected period. This would be identical to a unit
developed for the Initial Defense Communications System Program.
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5.3.3 Magnetic Field Analysis

During the contract, Philco-Ford studied the magnetic fields generated by the

solar arrays of spin-stabilized spacecraft. The results of this study, while

over-simplified and applicable only in a general sense, are useful nonetheless

in comparing the paddle wheel and cylindrical configurations. The study reveals
~ that the magnetic fields at a boom sensor point vary in time as a result of the

solar array currents.

5.3.3.1 Spacecraft Configurations. The two configurations considered are

illustrated in Figures 5. 3-8 and 5. 3-9. Figure 5. 3-8 illustrates a paddle wheel
configuration considered on this study. There are three paddle type solar array
panels, each covered on both sides by solar cells. Experiment sensors are
mounted on booms on the ends of each panel. Figure 5.3-9 is a cylindrical
satellite with body-mounted solar cells. The projected areas of the cylinder
are 1.5 times that of each of the panels of the configuration in Figure 5. 3-8 and
the experiment booms are shown mounted in the same position relative to the
body of the spacecraft. The factor of 1. 5 equates the minimum projected area
of solar cells for the two configurations. Important dimensions are given for

each configuration.

5.3.3.2 Summary and Conclusions. The analysis, based on numerous assump-

tions, but apparently sound overall relationships, indicates that, for both the
paddle wheel satellite configuration and the cylindrical spacecraft, there is a
time varying magnetic field at the boom tip sensor location due to the solar array
currents. In the paddle wheel configuration, the variation results in a vari-
ation in the paddle currents as the solar array rotates, In the cylindrical
configuration, it is caused by the movement of the boom through a field that
remains fixed in space. No absolute magnitudes can be determined from this
analysis. However, it is apparent that a significant time-varying field (with
magnitudes perhaps as great a 0.3 gamma) could exist at the boom tip sensor
location if care is not exercised in minimizing and cancelling the contributions
from the solar array panels, The field components tangential to the spin cylinder

and radial to the spin axis appear to be the most significant.
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5.3.3.3 Analysis

Paddle Wheel Satellite, For the purposes of this analysis, it is assumed that each
solar paddle can be replaced by a circular coil in the plane of the paddle whose
diameter fits within the approximate outline of the panel. This coil represents
the uncompensated current loops in the solar paddle and is assumed to represent
the contributions from both sides of the paddle, The actual current depends upon
which side is illuminated. A circular coil is u\mmod for reasons of simplicity

in performing the analysis and it is realized that it is not a rigorous assumption.
The results should be indicative of time variations and the relative importance of
various factors. However, it is assumed that all three paddles can be represented by
identical coils carrying currents with identical maximum values, Actual field
values will certainly depend on specific wiring techniques and will exhibit varia-
tions from paddle to paddle.

For this analysis, a coil 1 foot in diameter, with its center at the paddle center,
is assumed to replace each paddle. The geometry of each coil remains fixed
with respect to the end of the booms, As the spacecraft spins, the currents in
each coil vary with time, resulting in a time-varying field at the end of the booms
with contributions from each coil. It is further assumed that the paddles are
wired so that current flow in the coil is always in the same relative direction.

The above discussion is clarified in Figure 5. 3-10, which is a sketch of the
assumed model.

The magnetic field contribution at any point relative to an ideal circular coil or
loop can be determined in terms of cylindrical coordinates and assumed current.
The following equations for the radial and axial magnetic field components were
obtained from ''Static and Dynamic Electricity' by Smythe,

2 2 2
. pl Z a” +p“+ 7
dial component) = -K + E
B p,(radi ) 2] 1/2 2

2w 2
P[(a+p)2+z @-p) + 2
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Figure 5.3-10 Model for Paddle Wheel Configuration
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) (axial component) = %—

1
[(a +p)2+ Z2]1/2

where K and E are functions of k

and k2 =

and

NDOD P =

4ap

[(a +,§)2+ Zz]

coil current
coil radius
radius to point from coil axis
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distance from point to plane of cofl

B (p) is the flux density contribution in the radial direction from the coil axis, and
B(Z) is the flux density contribution in a direction normal to the coil plane. K and
E can be obtained from tables of complete elliptic functions. When the above di-
mensions are in meters andu = 47 x 10-7, the units of flux density are webers

per square meter. Multiplication by 109 converts these units to the unit of gammas.

Applying the dimensions of Figure 5.3-10 to the above equations gives the following
relationships for the contributions of the three coils, A, B, and C, to the magnetic

field of P:
Ba(p) = B(p)
Baz) = Bz)
BB(p) = B(p)

B CoilA=0
Coil A = -2,51 IA gamma

Coil B=1.01 IB gamma

BB(z) = B(z) Coil B = 0.36 IB gamma

Beo) = Bip)

Coil C = -1, 01 IC gamma

BC(z) = B(z) Coil C =0, 36 IC gamma
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To be useful, the above field components must be related to spacecraft coordinates

and summed. The coordinates chosen are:

a. Tangential or perpendicular to the plane formed by the boom and space-
craft spin axis (BT).

b. Radial or perpendicular to the spin axis (BR).

c. Axial or in a direction parallel to the spin axis (B A

The assumed positive directions for those components are shown in Figure 5. 3-10.
Combining the contributions from the three coils in the chosen coordinates gives
the following relationships:

B (tangential) = BA(z) ~ (BB(z) * Bo(z)®in 30°

+ (BB(p) - BC(p)) cos 19, 3° cos 30

Bp(radial) = (Bp(z) " BC(Z)) cos 30° + (BB(p') + Bc(p)) cos 19. 3° sin 30°

(B BC(p))sin 19, 3°

Ba(axial) = (BB(p) *

Combining the above relationships with the expression for the various coil contri-
butions in terms of coil currents yields:

Bp = -2.511, +0.645 (I + I ;) gamma

BR = +0.788 (IB - IC) gamma

BA = +0. 334 (IB . IC) gamma

The next step is to determine the relationship of the paddle and therefore the coil
currents as a function of time. Assuming the spin axis is normal to the sun, the

configuration shown in Figure 5. 3-8 can be used to evaluate paddle current at each
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position of the spacecraft for one complete revolution. The result of this evalu-
ation is given in Figure 5.3-11, which is a simplified plot of paddle currents for
one complete revolution in terms of maximum paddle current. The wave form is
one of a rectified sine wave for each paddle, with a gap which correéponds to the
portion of a revolution when both sides of a paddle are shadowed by the body of

the spacecraft or another paddle. The three currents are 120 degrees out of phase.
This time variation would also apply to the coll currents of the simplified model.
These functions could be represented by a Fourier series but, for purposes of this
study, a graphical approach is taken.

Figure 5. 3-12 plots the three field components at a boom sensor point in terms of
maximum coil current. The relative currents have been combined and plotted as

a function of spacecraft rotation and time. As would be suspected, the tangential
component (BT) has the greatest relative magnitude since it is primarily due to the
current in coil A or paddle A, the paddle on which the particular boom is mounted.
The contributions of the other coil or paddle currents are smaller at this point.
The axial field component (BR) appears least important.

While it is not possible to obtain absolute magnitude information from this study,
the following further exercise was undertaken with the model developed. On the
Initial Defense Communication Satellite Program, solar panel magnetic fields
were measured and found to be 2 to 30 gamma at 1 foot, worst axis. If each paddle
of the paddle wheel configuration is assumed to generate 30 gamma at 1 foot mea-
sured on the assumed coil axis, a maximum coil current can be determined for the

model, since, on the axis of the coil:
2
) 1/2 ua®1 c
(2)

0il
2) 3/2

B

(a2+Z
2 2.3/2

B{Z] (a +2z)

2

I, 4=
LOil 1/2ua
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. For the assumed dimensions and a B(Z) = 30 gamma;

Icoil (maximum) = 0. 085 amperes.

Relating this maximum coil current back to the plots of Figure 5. 3-12, a magnetic
field varying from -0.2 gamma to + 0.1 gamma in the tangential direction is ob-
tained as the spacecraft rotates. The field components have a fundamental fre-
quency of twice the frequency of rotation. Based on the same type of assumption,
the peak magnetic field contribution could be as low as 0. 013 gamma for an as-

sumed 2 gamma level at 1 foot on the coil axis.

Cylindrical Satellite. The cylindrical configuration appears more difficult to rep-

resent than the paddle wheel. The cylindrical solar array does bear a similarity
to the rotor of a dc machine however. As the spacecraft spins, only the half of the
cylinder that is illuminated has strings that carry current. The distribution of
current due to solar cell strings remains nearly constant in Space, as one string

is occluded, another is illuminated, etc. This current distribution will have an un-
compensated or net magnetic field contribution, which also tends to remain
stationary in space as the satellite rotates, just as the net magnetic field produced
by the currents in the rotor of a dc machine remains fixed in space as the rotor
spins past the pole pieces. In this case, the pole pieces are analogous to the sun.
This assumption is particularly good if it is assumed all sections of the solar
array surface are identical. This means that it should be possible to represent at
least some portion of the magnetic field contribution of a cylindrical solar array
by a stationary or fixed coil carrying an unknown constant current as indicated in
Figure 5.3-13. The diameter of the cylindrical vehicle is assumed to be 1. 5 times
the width of the paddles on the paddle wheel satellite; thus, the required relative
dimensions are roughly compatible from a projected area standpoint. The coil
representing the uncompensated, fixed, solar array field is assumed to be 2 feet
in diameter to roughly fit the projected area and is assumed to be located at the
center of the cylinder so as to simplify the calculations. The booms are assumed

to be located in a position identical to the paddle wheel configuration.,
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Figure 5.3-13 Model for Cylindrical Configuration
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The equation for the magnetic field due to a current loop is used again for this
analysis. Five positions are used to obtain the field contributions at a boom tip as

the boom rotates through the fixed field of the coil.

The radial and axial field com-

ponents (relative to the fixed coil) at the boom tip for the five positions shown in

Figure 5.3-12 are:

Position BJp

) (gamma)

0
+5.25 1
+4.94 1
+5.511
+2.8 1

G W NN

B (2) (gamma)

-4.111
-1.241
+2.721
+4,.34 1
+6.93 1

These components can be combined into tangential, radial, and axial components

relative to the spacecraft at each indicated position as follows:

Position 1

Position 2

BT = B(Z) cos 30° - B(p)

B, =B sin 30° + B cos 30° cos 17.3°

R (2) (P)

BA= B(p) sin 17.3
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Position 3

=B cos 45° - B cos 45° cos 20, 9°

Br = Bg) “Ppy

T
BR = B(Z) sin 45° + B(p) cos 45° cos 20. 9°
BA = B(p) sin 20.9
Position 4
= B cos 60° - B i . 4°
BT (2) 0 (P) cos 30° cos 26.4

BR = B(z) cos 30° + B(p) cos 60° cos 28. 4

B, =B sin 28. 4°

A~ B(p)
Position 5
BT =0
Br = Bz
Ba = Bip)

The above relationships can be combined with the previously determined expres-
sions for radial and axial components (relative to the fixed coil) and expressed in
terms of coil current to obtain the net field as a function of position and time. The
resulting field components are plotted as a function of time or spacecraft position
as shown in Figure 5.3-14. For this model, the tangential and radial components
assume the greatest relative importance with a magnitude around two times greater
than the axial component, Note, that while the current delivered by the solar array
is nearly constant, the sensor or the boom can experience a time-varying magnetic
field as the spacecraft rotates, just as in the case of the paddle wheel configuration.
In this case the fundamental frequency is the frequency of rotation.
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Figure 5.3-14 Magnetic Field Components at Boom Sensor as a Function of
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To finish the exercise, again the Initial Defense Communications Program data on
magnetic fields due to solar panels is used with rather broad assumtpions to obtain
an absolute value for the field evaluation. As before, it must be understood that
only empirical data can be used to accurately determine the field strvengths. How-
ever, it was again assumed that the coil produced a worst case uncompensated field
of 30 gamma at 1 foot along the axis. For the 2 foot diameter assumed, this would
be related to a coll current of 0. 041 amperes. Using this coil current and the plots
of Figure 5.3-14, a tangential component variation of +0.16 to -0.16 gamma is
predicted and a radial component variation of +0. 3 to -0.3 gamma is predicted.
The axial component ranges between 0. 12 and -0, 12 gafnma.
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SECTION 6
TELECOMMUNICATIONS
6.1 COMMUNICATION SYSTEM REQUIREMENTS AND CONSTRAINTS

Aside from the requirement to transmit all of the scientific data that is collected
by instrumentation aboard a set of four satellites in a highly elliptical orbit, there
are few constraints placed upon the telecommunication subsystem by the science
subsystem. It is pertinent that the data collected by the four satellites achieve
the primary objective of a multiple satellite system -- namely, the simultaneous
collection of data at several points in a particular space region. Of importance
also is accurate time-tagging of the data collected by the multiple satellites.
From the communications point of view, the primary constraint is to assure that
all of the time-correlated data acquired in the regions of interest be reliably trans-
mitted to ground stations at intervals whose position and length will be optimum
from a standpoint of quantity and quality, and not interfere with the collection

of data.

Fully real-time transmission of science data is not a primary requirement, and
might, in fact, be a detriment if it were to be effected, since muchdata might be
lost due to inavailability of ground stations for its reception and subsequent
reduction. However, in concert with other objectives, the real-time transmission

of scientific data on an "'as required'" basis is desirable, and will be considered

in this study.

The principal objective of the telecommunications portion of the multiple satellite
program study is to perform a parametric analysis of alternate methods to
accomplish the scientific mission. To that end, this portion of the study concerns
itself with data acquisition, tracking, and command. The following discussion
assumes that the mission is accomplished by four satellites, of either the 'radial
or "stacked" configuration. The orbit is assumed to be highly elliptical, with
apogee at twenty earth radii.
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. 6.1.1 Mission Requirements

Data Transmission Requirements. The primary requirement of the data trans-

mission subsystem is to transmit all data efficiently, whether in real-time, or
from storage. This implies that all data collected in one orbit period should be
transmitted in one orbit and that the transmission should not interfere with data
collection. This requirement is reflected primarily in the fact that the power
needed to conduct experiments restricts the power available for data transmission.
An assumed requirement on the communications subsystem is that the quantity and
quality of data transmitted be maximized within the constraints imposed by other
factors in the system design. One criterion for communication system design
which derives from this latter requirement is maximization of the experimental
data rate.

In addition to transmission of science and status data from individual satellites,
attitude control data and command verification data must be transmitted from the

satellite carrier module in real time.
A data transmission requii-ement that applies both to the satellites and to the
carrier module is that the modulation, carrier frequencies, power levels, and data

rates be compatible with the capabilities of the STADAN network.

Command Requirements. Individual satellites must be capable of receiving coded

command signals from the ground to reset clocks, activate gates for the trans-
ponding of ranging signals, and a variety of other tasks. From the communication
viewpoint, the primary requirements are that there exist adequate system margins
to guarantee reliable reception of legitimate command signals and thét the satellite
receiver be compatible with the requirements of the STADAN network.

In addition to commanding the individual satellites, it is a requirement that the

carrier module be commanded to effect attitude correction, boom deployment,

and separation of the satellites from the carrier.
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‘ Tracking Requirements. One of the essential tracking requirements is that track-
ing measurements be sufficient in number and quality to define the orbit quickly
and to an accuracy that permits execution of the maneuvers necessary for separa-
tion of the satellites from their carrier vehicle. A second requirement of particu-
lar importance in this multiple-satellite configuration is that the position of each
satellite in space and with respect to each other be established with a high degree
of accuracy in order to correlate the scientific data of each satellite with the

position of the satellite at the time of data collection.
6.1.2 Constraints

Design constraints are of two types, extrinsic and intrinsic. The intrinsic con-
straints are those imposed by natural phenomena such as propagation losses,
refraction effects, and noise environment. The extrinsic constraints are those
imposed upon the system by considerations of such factors as ground station support
time, the type of orbit, the maximum size weight and power allocated to the com-

munication subsystem, and the characteristics of the ground station support.

Data Transmission Constraints. The primary constraints that apply to data

transmission are:
a. Limited amount of time available because of ground station scheduling.

b. Limited data rate possible because of range at which transmission begins

and power availability.

c. Limited flexibility in changing data rates because of added complexity

and consequent system unreliability.

d. Limited interval available for data transmission because of satellite

antenna coverage at lower altitudes.

Although the above factors are listed separately, they are interdependent, and will

be treated as trade-offs in tﬁe material which follows.
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Satellite Antenna Coverage Constraints. Aside fran the fact that the physical

configuration of the satellite antenna places restrictions on the coverage possible,
the relationship between maximum realizable gain and broadest possible beamwidth
results presumably in an optimum beamwidth. qu to the fact, however, that the
spin-axis is tilted with respect to the orbit normal, this beamwidth places limits
on where in the orbit earth coverage is adequate for data transmission. To
minimize the effects of this constraint, the design recommends a beam-shaping
approach, which appears feasible for the types of spacecraft antenna recommended.

Satellite Attitude and Separation Constraints. Because of orbital dynamics, the

separation of the satellites tend to disperse as they approach the earth. In
particular, in the region of the orbit below ten earth radii, which is the primary
region for data transmission, the satellite separation exceeds the beamwidth

of the ground-based antenna. Thus, simultaneous reception from two or more
satellites is precluded, and, Sequential access to the satellites is required.
Since only one ground-based antenna for either S~-Band or VHF is available at

each site, the total amount of data that can be read out per orbit is restricted.

An additional constraint is placed on the design of the carrier module communi-
cations capability by the attitude of the carrier and by the particular carrier

configuration under consideration.

For the "stacked" configuration, an essential requirement is to command
separation near apogee. To achieve uniform azimuthal coverage in a plane normal
to the spin-axis is desirable; however, this carrier module must also be access-
ible during the early stages of the coast phase in order to effect erection of the
spin-axis normal to the orbital plane. This implies a constraint of not having
deep nulls along the spin axis in the direction pointing towards earth.

In the '""radial" configuration of the carrier module, the antenna beamwidth must
be sufficiently broad to provide access by a ground-based antenna continuously
throughout the ""coast'" phase. In particular, a uniform azimuthal pattern is

mandatory to avoid signal degradation at the time of satellite separation.
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6.1.3 Ground Network Capabilities and Constraints.

As stated earlier, one of the fundemental requirements of the proposed system
design is that it be compatible with the configuratjon and capabilities of the STADAN
network for the period 1970-72. Since the STADAN network is currently undergoing
many changes, no planning document is available. The existing STADAN is a hybrid
collection of a large variety of subsystems whose capabilities have been gleaned

from the following documents:

a. NASA-GSFC Report X-530-66-33, '"Space Tracking and Data Acquisition
Network Facilities Report'" (STADAN), December 1965.

b. NASA-GSFC Report X~-560-63-2, '"Aerospace Data Systems Standards,"
January 1963, Revised May 2, 1966.

c. NASA-GSFC Specification S$-531-P-17, "Goddard Range & Range Rate
System Specifications, "' Exhibit A, May 1966.

Since the first two of these documents apply generally to current configurations

and requirements, and since the period of interest is 1970-72, these two documents
have been used primarily for guidance. The Goddard Range and Range Rate
(GRARR) specification, however, is a detailed specification of an integrated
tracking telemetry and command ground support system for both S-Band and VHF,
which is to be installed at major STADAN sites in the time period of interest.

Also, the recommendation has been made by members of the advanced Develop-
ment Division of the Tracking and Data System Directorate of NASA/GSFC that

our design be based on the functional characteristics outlined in the GRARR

specification,

The basic ground support system capabilities assumed to be available for this

program will exist at the following sites:

® Rosman, North Carolina
® Tananarive, Republic of Malagasay

6-5
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The systems will operate in the following frequency allocations:

Carnarvon, Australia
Fairbanks, Alaska
Santiago, Chile

S-Band

Primar

a. Down-link:
b. Up-link:

Secondary

a. Down-link:
b. Up-link:

a. Down-link:
b. Up-link:

2253 MHz
1800 MHz

2243 MHz
1792 MHz

135-139 MHz
145-160 MHz

SRS-TR146

6.1.3.1 Receiving Capabilities. The characteristics of the Goddard Range and

Range Rate Receiving system are treated in detail in Reference 1.

Certain

of these characteristics have been selected and are repeated here since they are

directly pertinent to the discussion which follows.

Figure 6.1-1 is a block diagram of the multi-functional receiver assumed as part

of the baseline ground support system.

subunits:

a.
b.
c.
d.

PHILCO (\:_;-‘f‘

VHF Preamp-Converter
S-Band Paramp Converter
Multicouplers
Multi-functional Receiver

PHILCO.FORD CORPORATION

The receiver subsystem consists of the
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e. Subcarrier Receiver (both VHF and S-Band)
f. Doppler Extractor and Digital Rate Aid Unit

6.1.3.2 Transmitter Capabilities. The ground transmitters projected to be

available for the 1970-72 period are those specified in Reference 1 with the
exception that 5 kilowatts of output power is assumed rather than the 1 kw or 10

kw noted in the above reference.

VHF Transmitter. The output bandwidth of the VHF transmitter is 2 MHz to the
3 db points over a tunable range of 145 to 160 MHz.

S-Band Transmitter. The output bandwidth of the S-Band transmitter is 10 MHz
to the 3 db points over a tunable frequency range of 1750 to 1850 MHz.

6.1.3.3 Antenna Capabilities. The best available description of the ground

support antenna capabilities projected for the 1970-72 period appear in Reference
1. The following capabilities have been selected from that source and are
noted separately below since they are pertinent to the trade-off considerations

which follow.

VHF Antenna. The VHF antenna is a 28-foot array of cavity-backed slots arranged

in four quadrants for phase-monopulse tracking. It is capable of the simultaneous

functions of transmitting, data reception and monopulse tracking. The antenna

has an X-Y mount and is capable of being pointed at any point from 0 degrees above
the horizon (except for keyholes) during tracking operations. The VHF antenna

is a "leader" for the S-Band antenna or any other antenna at the site. When oper-
ating as a receiving array, the VHF antenna is a simultaneous lobing type, phase

monopulse array with the following outputs:

a. Two sum channels
b. Two X-error channels

¢c. Two Y-error channels

6-9
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TABLE 6.1-1

SRS-TR146

ANTENNA CHARCTERISTICS

(154 MHz Future)

GRARR GRARR S-Band
VHF Antenna Antenna
Frequency
a. Receive 137 + 3 MHz 2200-2300 MHz
b. Transmit 148 + 2 MHz 1750-1850 MHz (1)

2090-2120 MHz (2)

Gain
a. Receive
b. Transmit

20 db (min.)
20 db (min.)

42.0 db

41.5db (1)
42.5db (2)

Polarization
a. Receive

b. Transmit

(Polarization tracking)

Linear: Horizontal &

vertical.

Circular: Right & left

hand.
(simultaneous)

Linear: Horizontal &

vertical.

Circular: Right & left

hand.
(simultaneous)

Linear: Horizontal &

vertical.

Circular: Right & left

hand.
(simultaneous)

Linear: Horizontal &

vertical.

Circular: Right & left

hand.
(simultaneous)

C overage:

From 0° above hori-
zontal

From 0° above hori-
zontal.

(1) Goddard Range & Range Rate Transmit frequencies

(2) Apollo Unified S-Band Transmit Frequencies

erico]
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TABLE 6. 1-1
ANTENNA CHARACTERISTICS (Continued)

GRARR GRARR S-Band
VHF Antenna Antenna
Beamwidth:
X = 18° nominal .
Y = 15° nominal 1.5
(a function of
polarization)
Pointing
Accuracy 1.0° 0.1°
Velocity 5°/Sec (Max.) 5°/Sec (Max.)
Accel. 5°-10°/Sec (Max.) 5°-10°/Sec (Max.)
Xmit.
Power 15 kw, continuous 15 kw, continuous
Capab. 20 kw, peak
Avail. Rosman, N, C. Rosman, N. C.
Sites Fairbanks, Alaska Fairbanks, Alaska
Santiago, Chile Santiago, Chile
Tananarive, Malagasy Tananarive, Malagasy
Carnarvon, Australia Carnarvon, Australia

S-Band Antenna. The S-Band antenna is a 30-foot diameter paraboloid reflector.

The feed system is a cassegrain feed system and consists of a composite feed
capable of transmitting and receiving in the 2 GHz band. The composite feed-

horn accomplishes the following functions:

a. Transmits in the 1750-1850 MHz band.
b. Receives in the 2200-2300 MHz band.

c. Provides monopulse two-dimensional sum and difference information.

The antenna has an X-Y mount and is capable of being pointed at any point in the
sky from 0 degrees (except for keyholes) during the tracking and transmitting
operations. It is capable of the simultaneous functions of transmitting, tracking,
and data reception. Table 6.1-1 summarizes the capabilities of both the VHF and
S-Band antennas assumed available at STADAN in the 1970-72 period.

6-11
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‘ 6.1.4 Other System Constraints

In addition to the constraints due primarily to equipment characteristics, there
exist limitations prifnarily on the transmission of data due to:

a. Availability of ground stations during the period of data readout.

b. Ability to track only one satellite at a time due to ground antenna
beamwidth.

c. Limited time for emptying satellite recorder contents during data
transmission interval.

These and other considerations will be developed in the material which follows.
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‘ 6.1.5 Tracking Considerations

The objective of the tracking system is to determine the location and motion of
the carrier module and of the satellites, to rapidly define the orbits of the carrier
module and each of the satellites, and to periodically update orbit parameters

for time correlation of position information with scientific data. Updated tracking
data is also required for programming of ground antennas prior to satellite pass.
Within the STADAN network there are at least five available methods of tracking
which might be used for this program. The characteristics of these methods are

listed in Table 6.1-2, and are discussed in the following section.

‘The following tracking methods will be considered:

Minitrack

One- Way Doppler

Angle Tracking

VHF Goddard Range & Range Rate
S-band Range and Range Rate

© a0 T oW

Minitrack. Minitrack, which is one of the earliest tracking networks, was designed
primarily for tracking satellites in low circular orbits. It operates on the principle
of the radio interferometer which measures the angle between the observer's
reference planc and the line from a reference point in this plane to the satellite.
This measurement is based on the difference in arrival time of the wavefront from
a distant point source at each of a pair of multiple pairs of antennas. These ground
antennas are fixed, slot-type antennas precisely positioned geographically, and are

linearly polarized.

The antennas are of two types: 1) a long baseline ('fine'") type for highly accurate
angle measurements, and 2) short baseline type for ambiguity resolution. The
""ambiguity" antenna merely defines the particular wavelength received by the
"fine" antenna. This system requires the use of only a simple beacon on the
spacecraft to act as the point source, and therefore is very attractive as a
possible tracking technique.

. 6-13
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’ The "fine'" antenna array has a fan beam of 10. 75 degrees in one direction and
76 degrees in the orthogonal direction. The ambiguity antennas have fan shaped
beams of 78 degrees in one direction and 108 degrees in the orthogonal direction.
The very low gain (6.4 db) of these ambiguity antennas is a limiting factor in their
application to this design. Assuming the ability of the ground station to resolve a
136 MHz signal waveform to within 1 millimeter, by use of heterodyning and pre-
cision timing techniques, and assuming baseline lengths of 46 wavelength as listed
in the STADAN facility report, establishes an angular resolution of 48 microradians.
At 20 earth radii this corresponds to distances across the line of sight of approxi-
mately 6 kilometers. This accuracy is close to the maximum attainable, and
ignores the degrading effects of ionospheric refraction. In addition, the accuracy
of an angle measuring system suffers in highly elliptical orbits because of the
great distances the spacecraft can move with little change in angle.

One-Way Doppler. One-way doppler is attractive as a tracking technique, because

it too requires only a frequency-stable, low-power beacon on board the spacecraft.
Theoretically, with perfect instrumentation and no atmosphere, the orbit of a
satellite produces a unique time dependence of the doppler shift, and thus one
should be able to determine the orbit from a single satellite pass, except for
secular variations in the orbit. The accuracy of one-way doppler measurements
is affected by two fundamental sources of error: oscillator instability and ionos-
pheric refraction effects. Typical (one sigma) range rate accuracies at S-band
measured ox}er a 60-second sampling interval are 30 meters per second for short-

term oscillator stabilities of 10_7.

Errors due to ionospheric refraction effects contribute directly to range inaccura-
cies, and the refraction of radio waves by the ionosphere is an extremely complex
subject. These refraction effects can be understood qualitatively by noting that the
maximum slope of the doppler curve (Figure 6.1-2) is a rough measure of the slant
range, and that refraction has a direct effect upon this slope. The effect of
refraction is to decrease the slope and thus indicate an increased range due to
ionospheric refraction, These ionospheric refraction effects are inversely pro-
portional to transmitter frequency, and so,use of this technique at higher fre-
quencies is to be preferred. The table below shows the deviations from the

. 6-15
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Figure 6.1-2 Refraction Effects on Doppler Shift

geometrical Doppler Shift for different transmitter frequencies assuming a high
elevation, horizontal trajectory, straight-line propagation, and + 5 km/sec
satellite velocity component, 2

Deviations due to

Frequency (MHz) Ionosphere (Hz)
100 + 2
400 +0,5
1000 0,2
2000 +0,1

A more practical constraint upon the use of one.way doppler measurements for
orbit determination is the fact that since one-way doppler tracking is not presently
employed in the STADAN network, instrumentation for its use in orbit determina-
tion is not presently available and would have to be provided at proposed ground

gites.
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‘ Angle-Tracking. As is true for the interferometer and the one-way doppler tracking

techniques, angle-tracking requires only a simple beacon on-board the spacecraft,
and thus appears worthy of consideration in this study. An important difference
between angle-tracking and the two-techniques considered thus far is that there

will exist an angle-tracking capability as part of the STADAN facility in 1970-71,
Angle-tracking as a distinct tracking mode is inherent in the Goddard Range and
Range Rate System at either VHF or S-band. Figure 6.1-3 is a simplified functional
block diagram of the GRARR S-band angle-tracking system.

In Figure 6.1-3, only the X-axis portion of the servo system has been shown, since

the Y-axis is identical,

The S-band antenna is a 30-foot parabolic reflector mounted on an X-Y pedestal,

A Cassegrain feed provides for amplitude comparison, simultaneous lobing, angle
tracking. The received feed uses a 12-horn concentric ring, grouped into four
quadrants to provide a sum and two error signals, The sum channel receiver
phase-locks to the received carrier and generates an AGC voltage in the AGC
detector, Two error channel receivers provide for the demodulation of two error
signals. In the autotrack mode, the outputs of the two error receivers are connected
to the servo amplifiers, providing for automatic angle-tracking of the received
signal. A 16-bit angle encoder and line amplifiers are mounted on the antenna,
The gated storage registers and code converters, which are in the instrumentation
building, provide angle readouts in a binary coded decimal parallel form.

The VHF angle-tracking system is essentially the same as the S-band system

except for the antenna and RF circuitry. The antenna is an array of crossed

dipoles which generate a sum and two difference patterns, providing simultaneous
lobing, angle-tracking, The tracking signals are amplified and converted to a

60 MHz I-F after which point the circuitry is the same as shown in Figure 6.1-3,
The angle-tracking errors are of two major types: tracking errors and pointing
errors, The tracking errors consist of servo errors, which cause the RF axis to
shift from the line of sight, and boresight errors, which cause the optical axis and
the RF axis to differ. The pointing errors determine the accuracy to which the

true optical axis can be measured. The pointing errors are initial alignment errors,

‘ 6-17
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angle encoder errors, and mount alignment errors, Table 6.1-3 summarizes the

errors and their sources for the S-band and VHF autotrack modes.

Q
The values in Table 6.1-3 were taken from a design evaluation report” of the GRARR

System, and may be considered typical of future system performance for compara-

tive evaluation purposes. The different polarization errors for the two frequencies

are due to the increased beamwidth of VHF over S-band, since this error is inter-

preted as 3 percent of the sum pattern beamwidth, The difference in collimation

errors is due primarily to ionospheric refraction effects, and as noted earlier is

approximately one order of magnitude worse for VHF than for S-band. The rms

sum of the errors for the two systems evaluated here is, however, about five

times less than the errors specified for those systems to be installed by

1970-71. We may, therefore, consider any design based on the specifications as

conservative,

TABLE 6.1-3

ANGLE-TRACK ERROR BUDGET FOR VHF AND S-BAND

PHILCO (@

PHILCO-FORD COAPORATION

Typical Values Typical Values
Frror Sources (Sec) S-Band (Sec) VHF

Servo Loop Errors | 54 54
Polarization 70 540
Mechanical and Electrical 47 51
Feed Errors

Refraction 20 20
Multipath 32 3.34
Receiver Errors 68 46
Collimation Errors 39 360
RMS Sum 130 734
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Goddard Range and Range Rate System. There exists a large amount of literature
’ on the principles and performance of the Goddard Range and Range Rate System,
and so its development and implementation will not be treated here in great detail.
The obvious advantage of this sidetone rangine technique is the improved accuracy
and flexibility of the system for orbit determination and satellite tracking.
Table 6.1-2 contains a brief summary of the characteristics of both the VHF and
S-band Goddard Range and Range Rate Systems. Figure 6.1-4 is a simplified block
diagram of the GRARR system. Despite its operational advantages, the GRARR
system suffers the disadvantage that in place of the simple beacon required of the
systems considered earlier the GRARR system requires a cooperative transponder
in the satellite, Spacecraft limitation on size, weight and power place severe
restrictions on the degree of sophistication allowable for providing the tracking
function, Fortunately, the GRARR system does not require the elaboration
required of coherent turn-around ranging systems wherein the range data is de-
modulated to baseband and remodulated on the down-link carrier. In this system,
range tones phase-modulate the up-link carrier to the satellite and are translated
into a lowI-F frequency in the satellite, and the entire up-link spectrum modulates
the down-link carrier. In addition, the transponder can either time-share or fre-
quency-share the up-and-down link for command and telemetry, providing an inte-
grated tracking telemetry and command system, The size, weight and power pen-
alty associated with the transponder is thus reduced, since a command receiver

and telemetry transmitter would be required in any event.

Range measurements are made using basic sidetone ranging techniques and a hybrid
combination of sidetones coupled with unambiguous coding techniques, In one mode,
of system operation the S-band portion of the system is used to determine range,
range-rate and angle data with the VHF system guiding the S-band antenna in the
initial acquisition of the spacecraft. In another mode of operation, the VHF antenna
sector scans until the VHF transponder carrier frequency is acquired by the VHF
ground receiver. The VHF antenna then goes into the autotrack mode and range
tones are applied to the up-link carrier. The VHF ground receiver then extracts
range, range rate and angle data.

. 6-20
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‘ The fundamental differences between the S-band and the VHF system are:

a. The S -band system provides more accurate range, range rate and
angle data,

b. The S-band system can be used to make simultaneous measurements
from three ground stations, thus potentially giving a complete orbit
solution from one observation interval,

The primary reason for the increased accuracy of the S-band system is that the rms
range error is a function of the highest range tone frequency and of the S/N ratio as

follows:
g = .0.056C
R f
R V§/N
where OR = Tms range error
C = velocity of signal propagation

f_ = highest range tone frequency
S/N = Signal to noise ratio in the tone isolation PLL

Figure 6.1-5 is a plot of the above equation for three range tone frequencies. Obvious-
ly, then, the higher the range tone frequency, the greater the range accuracy. The
S-band system is designed to accommodate a major range tone of 500 kHz, while the
VHF system, being bandwidth limited, can accommodate a highest range tone of

only 20 kHz,

An outstanding feature of this system is that range rate measurements are made with
all of the advantages of two-way doppler, but without the need for a coherent trans-
ponder, The reasons for this are basically that the doppler shifted signal received

on the ground consists of a carrier whose frequency is 60(f of fo d).
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10° N
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Figure 6,.1-5 Range Error vs S/N in Range Tone Filter Bandwidth
for Various Range Tune Frequencies
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. where fo = transponder oscillator frequency

f od = doppler shift on transponder oscillator frequency
and a subcarrier whose frequency is

80 (Tt + ) = (Fy ) + 2 pd

where f  =up-link frequency

up
f upd = doppler shift on up-link frequency

These two frequencies, along with a known transmitter frequency, fup/ 80 are

combined in a doppler extractor to give a suitably biased coherent two-way
doppler shift signal of 500 kHz + 2fu pd’ thus yielding the necessary information
for range rate determination, This process tends to cancel out the effects of
oscillator instability in the transponder oscillator, provided that the instabilities
are tracked by both carrier and sub-carrier phase-locked loops.

Preferred Tracking Alternatives, Based on the capabilities and limitations of

the various tracking alternatives considered, use of the S-band GRARR system on
each satellite is indicated. Based on the capabilities of the angle-tracking technique
and on the constraints imposed by antenna and reliability considerations, use of the

VHF angle-tracking system is indicated for the carrier module.
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6.2 OPERATIONAL CONSIDERATIONS

6.2.1 Orbit Characteristics

The orbit of the multiple satellites is highly elliptiéal, with an apogee of 20
earth radii. For communication purposes the orbit may be visualized as shown
in Figure 6.2-1. A unique feature of highly eccentric orbits is that during the

0
270 - 3 HOURS (2|3o TRUE ANOMALY)

270° TRUE ANOMALY

44,600 KM
6104 KM

121, 000 KM

{ APOGEE

EARTH

L PERIGEE 270°+25 MIN

Figure 6.2-1 Distances to surface of Earth

interval of science data collection‘(beyond 10 Re), the spacecraft moves very
slowly; while near perigee the spacecraft velocity is so high that the time avail-
able for data transmission is very short. This circumstance is a fortunate one

for collection of data, but an unfortunate one for data transmission.

I, for reasons of satellite antenna coverage, which will be developed later, it
is assumed that transmission will occur between 10 Re and 270 degrees true
anomaly on the inbound leg and between 90 degrees true anomaly and 10 Re on
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the outbound leg, the maximum time available for transmission on either leg is as
. shown in Figure 6.2-2., Inspection of this curve indicates several interesting
points. Since the slope of the curve decreases rapidly as we approach 270 degrees
true anomaly, we rapidly run out of available time; so, one should prefer

to begin data transmission as soon as possible after 10 Re has been reached.
Although transmission at ranges beyond 10 Re is assumed unavailable, it is
apparent from Figure 6.2-2 that the time parameter is much less constraining in

this region.
90, 000
80, 000
70, 000
0 60,000
w
7]
o
R .
a
Z 50,000
>
2
<
:
w 40, 000 R
=1 E
£ |
oy
r4
u l
[
2 30,000
W
’ | \ |
W
b3
: \ |
20, 000
|
10, 000 \
] \%N
0 l —

180 190 200 210 220 230 240 250 260 270 280
TRUE ANOMALY

Figure 6.2-2 Transmission Time Available vs True Anomaly
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Another consideration of importance in planning for the optimum point in the orbit
. at which to begin transmission is the data rate. Figure 6.2-3 is a plot of maximum

possible data rate as a function of true anomaly based on the assumption of a

two-watt, S-Band satellite transmitter, and on thg assumption, as before, that

transmission occurs on the inbound leg of the orbit. As expected, the allowable

LR SR L

T lvls
;__\“\

MAXIMUM AVAILABLE DATA RATE '(BPS)

180 190 200 210 220 230 240 230 260
TRUE ANOMALY (DEGREES)

Figure
for 2-Watt, S-band Satellite Transmitter

\
2-3 Maximum Available Data Rate vs True Anomaly
data rate under/ixed power conditions increases as the spacecraft approaches the

earth. The in{ cated preference, based on this consideration, then appears to be
to transmit cf ser to earth, thus taking advantage of the increased allowable data

rate. This J/ in contrast to the preference based on "time" considerations.
® /
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A third, and more meaningful, criterion on which to base the system design is
the total amount of data read out. This is simply the product of the available
time and the available data rate. Figure 6.2-4 is a plot of total data read out as
a function of position in orbit based on the assumptions stated earlier. From
this plot it is apparent that there is an optimum position in the orbit to begin

data transmission.

TOTAL DATA OUTPUT (BITS X |°7)
3

200 210 220 230 240 . 250 260 270

TRUE ANOMALY (DEGREES)

Figure 6.2-4 Total Data Readout vs Position in Orbit
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The results of this curve must be interpreted with some caution. From Figure
6.2-4 it appears that it is possible to transmit a maximum of 11.4 x 107 bits of
data. Practical tape recorder capacities are well below this limit; thus, the

full capability of the transmission system, based on this criterion can not be
realized. In addition, it must be borne in mind that although the four satellites
are widely separated in space in this orbital region, the time separation between
satellites is essentially constant throughout the orbit. Table 6.2-1 below indicates
the separation in time between the first and last satellites for various passes.

TABLE 6.2-1

TIME SEPARATION ALONG ORBIT PATH
BETWEEN FIRST AND LAST SATELLITES

Orbit Pass Time Separation
Number (Sec)
0o 240
10 440
30 840
60 1640
90 2040

For example, if based on Figure 6.2-4, one would initi.tc transmission at 245
degrees true anomaly (optimum point) and transmission would ~ontinue at the
maximum allowable data rate of 70, 000 bits per sec.; and, assuming a recorder
capacity of approximately 4 x 107 bits, the remaining satellites would have passed
the point in the orbit which would permit total recorded data read out.

Simultaneous Vs. Sequential Readout.

Alternatively, if all four satellites could transmit simultaneously, this criterion
could be used effectively to define transmission scheduling and data transfer rates.

A first consideration is the capability of the ground support network. As noted
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above, simultaneous reception of two spacecraft on separate frequencies can be

accommodated by the ground receiver.

Thus, assuming the existence of only
one S-Band antenna, and assuming that at least two spacecraft are within the beam

of this antenna, simultaneous reception of, at most, two satellites is possible.

To establish the feasibility of tracking two or more satellites simultaneously, an
investigation of intercepted arc lenght along the orbit and satellite separation

as a function of position in orbit was initiated. Figure 6.2-5 shows the arc length

7

ANTENNA ARC LENGTH (KILOMETERS x |03)

/7
/
-/
£
i [
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Figure 6.2-5 Interception of Satellite Pairs
by 30-Foot Parabolic Antenna
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intercepted by the antenna beam of the S-Band 30-foot parabolic antenna as a
function of true anomaly. The values for thig curve were computed on the basis
of a simplified model (Figure 6.2-6), which assumed that the minimum antenna
elevation angle was 5 degrees above the horizon, and that antenna beamwidth
was 1.5 degrees. The arc length was computed for elevation angles of 5, 30,

60 and 90 degrees. Since in the region of interest the arc length changes only
slightly (+ 5 percent) as a function of elevation angle, a mean value of arc length
for the several elevation angles was plotted in Figure 6,2-5 as a function of true

anomaly.

£ = INTERCEPTED ARC LENGTH

.t = RADIUS OF EARTH

R = SATELLITE RADIUS VECTOR
@ =~ ANTENNA BEAM WIDTH
= ELEVATION ANGLE
¢ - HEADING ANGLE
® = SATELLITE TRUE ANOMALY

Figure 6.2-| Model of Ground Antenna Coverage

Knowing the arc length i¢j equivalent to knowing the permissible separation of
satellites for simultanec(:s antenna access, and so the separation of satellite

pairs was plotted as a fijiction of true anomaly for the 30th and 60th passes. It

is clear from Figure 6.[.-5 that for values of true anomaly greater than those where
the satellite separation/2xceeds the antenna arc lengfh. access to a pair of
satellites is not possibj2. Since for even the 30th pass (2 months in orbit) the
separation exceeds the antenna beamwidth for values of true anomaly greater

, simultaneous communication with satellite pairs is
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impossible with a single antenna. Further, the situation deteriorates with time
as can be seen from the separation curve for the 60th pass. The data from which
these separation curves as plotted includes the effects of a composite 5-degree
error. The conclusion to be drawn from these curves is that since each ground

station has but one S-Band antenna, the satellites must be accessed sequentially.

6.2.2 Scheduling of Ground Equipment

Since it has been established that sequential transmission from each satellite is
required, the scheduling of transmissions in some optimum manner is required.

This scheduling on a sequential basis assumes the following factors.

a. Single station contact of three hours per day for all four satellites is

available.

b. Pre-pass programming and postpass calibration are included in the

ground support time.

Based on these assumptions, one-half hour per satellite of transmission time is
assumed, therefore, as a baseline. This allows 15 minutes per satellite for
station preparation. With few exceptions, this constraint is reflected in the

development which follows.
6.2.3 Modulation

The type of modulation to be used for transmission of serial PCM data from the
satellite to ground has a significant influence upon the final value of the RF
parameters of the telemetry system and consequently upon the final design of

the telecommunication subsysiem. The choice of modulation is based upon a

minimum number of significant criteria.

a. The system must be efficient. In terms of the type of modulation, this

means that some measure of modulation efficiency must be optimized.
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b. The satellite subsystem must be compatible with existing ground
facilities. In terms of the modulation technique to be employed by
the satellite telecommunication subsystem, this means that the type
of modulation employed must be compatible with the ability of STADAN
ground stations to satisfactorily demodulate the received signals.

For purpose of comparing modulation types, we shall assume that the TCM
subsystern transmits a serial stream of binary PCM data, thus ruling out con-
sideration of M-ary systems, where the data waveform has more than two levels.
We shall also assume, for purpcses of compariscq. that all systems transmit
information at the same rate. The perforrhance of all systems will be given as

a function of the signal energy per bit per oné-sided noise spectral density, -F;‘—/'l-
This parameter is related to the more familiar average signal-to-noise o
ratio (S/N) by the relationship

1 (binary coding): :

Bit length in seconds
Receiver bandwi ith (equivalent noise bandwidth in H )

Where, n
T
w

We shall further assume the performai| k:e of systeml in the presence of gaussian
noise into the receiver, usually a jultifiable assumption for most radio links.

Carrier vs. Subcarrier. One of the fil\it considerations concerning the type of
modulation i8 whether the PCM data fro\: the telemetry subsystem should modulate
the carrier directly, or whether the dat | should modulate one or more sub-
carriers which in turn modulate the car:| er.

Relative to the criterion of efficiency, a |)mparison of subcarrier and non-subcarrier
systems is given in Table 6.2-2, Based jn the assumptions listed earlier, we can
compare the efficiency of the two system s in terms of the required E/ No for
some fixed Pe and for an optimized p, co "elatim_nscoefnclent between two possible
transmitted waveforms. In Table 6.2-2, P| = 10 *, but the results for other error
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. TABLE 6.2-2

CARRIER VS SUBCARRIER SIGNAL ENERGY REQUIREMENTS

Required E/N, (db) for
Pe = 1079
Type of Type of Non-Sub
Modulation Detection Carrier Subcarrier*
PCM/PM Matched Filter . 9.6 11.1
PCM/PM Phase Comparison 10.3 12.0
PCM/PM Discriminator 11.2 12.9
PCM/FM Matched Filter 11.8 13.5
PCM/FM Discriminator 12.5 14.2
PCM/FM Envelope Detect 13.3 15.0
PCM/AM Matched Filter 12.6 17.3
PCM/AM Envelope Detect 12.9 17.6

*Note: All subcarriers are either PM or FM.

rates show the same trend; namely, that for all of the types of modulation shown,
and for all the types of detection shown, there is a significantly higher required
E/ N0 for subcarrier systems than for systems where the carrier is modulated
directly. Further, the validity of this conclusion is even more graphically
displayed in Figures 6.2-7 and Figure 6.2-8, where Pe is plotted as a function of

required E/N o for subcarrier and non-subcarrier systems.

With regard to the second criterion, compatibility of STADAN networks to demodulate
direct carrier modulated signals, Figure 6.2-9 is a much simplified system block
diagram illustrating the use of the primary Goddard Range and Range Rate receiving
system supplemented by a phase-lock demodulator such as the ELECTRAC 215C,

but modified to accept a 10 MHz I-F input signal. The PCM data handling equipment
shown could be similar to the Magnavox PCM/DHE which is presently available at
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LEGEND
A MATCHED FILTER PSK

B DIFF, COMERENT PSK

C DISCRIMINATOR PSK

D MATCNED FILTER FSK
OPT. FREQ, SEPARATION
MATCHED FILTER WIDEBAND
FSK AND MATCHED FILTER
ASK

* DISCRIMINATOR FSK

G ENVELOPT - ASK

H ENVELOPE FSK

10

10"

SYMBOL. ERROR PROBABILITY(PE)

10

-6 | ) 3 4 I \

o I 2 3 4 3 6 7 & 9 0 U 12 13 M

10

ENERGY PER BIT PER ONE-SIDED NOISE DENSITY (NL/% l;l (]
o

Figure 6, 2-7 Pe for Non-Subcarrier Binary Systems
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three of the five planned GRARR sites. PCM/DHE capabilities are planned for
installation at al] STADAN sites l?y 1969,

Suppression by an appropriate choice of modulation index at the telemetry-
transmitter. Part IIT of ""Aerospace DATA SYSTEMS STANDARDS, ' prepared
by NASA/GSFC and dated November 4, 1965 states, that STADAN network
stations are not currently equipped for PSK (+ 90 degrees) bi-phase demodulation,
and to avoid carrier Suppression, at least 10 percent of the tota] transmitted
power shall be left in the carrier. This will be accomplished by shifting the
phase of the carrier a nominal + 70 degrees, which permits coherent detection,

In the two-stage process of modulating Subcarriers, which when added together
modulate the carrier, one is generally interested in providing a relatively small

Greater flexibility and simpler equipment results when time division multiplexing
is used. For these reasons then, the choice for this system wag one wherein the
carrier is directly phase modulated, and where the channel bandwidth varies as

a function of the data rate,

Type of Modulation. In space communication systems, primary emphasis is

placed on frequency or phase modulation methods, because of the inherent

efficiency of these methods when proper d¢sig‘n approaches are used, From the
standpoint of efficiency, reference is ag&iril made to Table 6. 2-2, It is apparent
that, under the assumptions of optimum chpice of modulation indices, PCM/PM

is superior to PCM/FM. i
{

b .
Comparison of relative system performanci: with an absolute standard is not
easily done using only bit probabilty of errir as g Criterion, However, Hancock?

uses Shanmon's formula for channel capacil’
6-38

@ Space & Ho-nt:rv

PHILCO-FORD cConeonaTION By.t.mu Divl.lon




SRS-TR146

in
Sin
= Wc Iogz 1+ W
c
o -—-(-:—9-— = log | 1+ B -(-3-9..
w 2 2 \w
c c
S, E_.
where g =-__n —min
€C €
C
E . =minimum received signal énergy required per bit
min :
of information
Sin = required input signal power
Cc = channel capacity (bits/sec)
Wc = channel information bandwidth
€ =

noise power spectral density (assumed Gaussian)

received signal energy per bit of information, A plot of B as a function of Pe
is shown in Figure 6, 2-10. From this curve we see that in the region of most

interest (low Pe) phase-modulated Systems are superior to frequency modulated
systems for binary transmissions.

Modulation Index. As we stated earlier, direct bi-phase modulation (+ 90 degrees)

of the carrier is not feasible, since the attendent carrier power reduction prevents

will remain sufficient carrier power to